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Abstract

The following report outlines the design of the SR-1000BDE turboshaft replacement engine for the
TPE331-10 for use in a hybrid electric medium altitude long endurance search and rescue unmanned aerial
vehicle (UAV). The SR-1000BDE incorporates several advanced technologies and concepts, available in
2025 for the engine’s entry-into-service (EIS) date, that improve upon the TPE331-10 including:

e Additive manufacturing of accessory and subsystem components;

e High-efficiency engine components;

e Heat recuperator;

e Ceramic matrix composites.

The major design drivers for the following engine were to improve fuel consumption and maximize
vehicle flight loiter time, while providing similar shaft power at a reduced engine weight. A heat
exchanger is implemented into the cycle to provide a significant increase in thermal efficiency that
decreases overall fuel consumption. Advanced, high temperature materials and coatings are used to
eliminate turbine cooling and allow for the combustor to run at higher temperatures. Incorporating
advanced materials and technologies in the SR-1000BDE drives down the weight and fuel consumption
of the designed engine.

The SR-1000BDE offers a 40% decrease in power specific fuel consumption and a 41% decrease in
fuel mass flow rate at loiter compared to the TPE331-10, while maintaining a maximum shaft power of

985 hp at takeoff. The following image presents the SR-1000BDE integrated into a sample aircraft.
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Performance

Maximum speed 260 KEAS

Cruise speed 220 KTAS

Mission Fuel Burn 602 gal

Cruise BSFC 0.325 1b/(hp*h)
Takeoff BSFC 0.329 1b/(hp*h)
Engine Weight 86.48 1bf

Fan Diameter N/A

Engine Cycle Design Space Carpet Plots Page # 5,6

In-Depth Cycle Summary Page # 7

Final engine flowpath (Page #) 9

Final cycle study using chosen cycle program (Page #) 7

Detailed stage-by-stage turbomachinery design information (Page # for | 32, 35 (Compressor)
each component) 65 (Turbine)
Detailed design of velocity triangles for first stage of each component (list | 30, 35 (Compressor)
page #’s and component) 68 (Turbine)

Summary Data

Design MN 0.31

Design Altitude 70001t

Design Shaft Horsepower 632

Design BSFC 0.308 1b/(hp*h)
Design Overall Pressure Ratio 9.83

Design T4.1 2170°R
Design Engine Pressure Ratio 9.83

Design Fan / LPC Pressure Ratio N/A

Design Chargeable Cooling Flow (% @25) 0

Design Non-Chargeable Cooling Flow (Y%o@25) | 0
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N e Number of blades .......cccoeviririnininiicieeeceeee ~
N ettt Number 0f hOIES ...c..couevuieiiiiniiniriecccecce e ~
0 ettt ettt ettt e re et e e st enteenteeraenraerean Throat OPENING ........ccccverveerieeierierienierie e eie e seneeeees m, ft
P oveenreente ettt ettt et e eneas StatiC PIESSULE ...eouveeeeeeiertiereeeie e eeestee et eeeenee e seeeneeas Pa, psia
Pt -eemeeeneeene ettt ettt ettt Total PreSSUIe .....cceevvieiieieeiieiiee et Pa, psia
P Prandtl nUMDET .......ccoviiiiiiiii e ~
 eveenrreereeereeeneeereeeteeebeeetaeebeestaeenbeesbaeenreens Dynamic PresSSUre .......cooeereeeerienieneenieeieeieeieesieenieeneens Pa, psia
o PSSP Relative dynamic pressure.........oeeeeeeereenienierienieseeeeeeeeeans Pa, psia
G ettt ettt eraennean Heat transfer rate............ccoeeveveereerieecenieseee e W, BTU/s
Q e ens Heat exchange..........ccoecvvvierieniieiecciece e J,BTU
R Reynolds nUMDET..........ccveiiiiieiecieceeee e ~
R Gas Constant........cceeceerveereerieesieneresnennes J/kg*K, BTU/Ibm-°R
TR s Degree of 1eaCtion........ccvevvieriieieeieeee et ~
T ettt ettt e e e e e e e e e e —r e e e e e s e a—areeeeeaan RAIUS v m, ft
Ly 0y Zoeeeeeeeeeeeeeeeeeeee e Cylindrical CoOrdinates ...........ceeevereereerierieriereerieseeseesreesaeenenes ~
N USSP SHATPNESS. .. veeevieeiieeiee ettt ere e sre e reesreeseaeeenas ~
S ettt SWITT NUMDET ... ~
Sttt etttk h bttt ettt et e a e bt e bt e bt et st naeenae SPACING .ottt m, ft
T e StaticC tEMPETATULE ......eeveereeiieereeeieeeeerteere et eeeeeeaeseee e K, °R
T et Gas teMPETALULE. ......covireiiieeiieiietententeenie et K, °R
Timneveere ettt Maximum wall temperature...........ccecveeevercvereeneenieeeeeeeseeseeenns K, °R
U S Total teMPETAtULe .......c.eevveeiereieireieeie et K, °R
B ettt bbbt ThiCKNESS....coveeeieiiiieiiiercceccc e m, ft
U oot Overall heat transfer coefficient .............cccocervrurnnnes W/m?K, BTU/ft>°R
U oo Rotational velocity vector of TOtOT........ccceeereeirieieieieee e, m/s, ft/s
N e VOLUINE .o m?, ft?
IV ettt ettt ettt ettt b e ettt ettt eneesaeeneeenes WERIGHE . ..ot kg, 1b
WVl ceveemeeeneeeneenneenteenee et eene e et e et enteeneeeneeteenean Combustor inlet airflow..........cocceeviriieienieieeeeeee e kg/s, Ib/s
W e Mass flOW TAte.......eeueeeirieeieiieieeee e kg/s, Ib/s
W, W o Relative velocity vector, relative flow speed.........cceevvevienieciieciennnnn. m/s, ft/s
Wi, Wo, Wo....... Radial tangential and axial velocity components in relative frame of reference............ m/s, ft/s
Greek Symbol Description Units
Lo USSR Angle of attack ......cooveeieiieiieee rad
o PSS OPtimMal Area TAtI0.....cvieiieii et ~
B e Relative flow angle with respect to the axial direction ..........ccocceevvveeverveneeennnne. rad
B ettt Area densSity.......ccoeveeeeieeeeeeeeeeeeeeceeee e kg/m?, b/t
e CArCUIAtION ....eeeiiiiieiieicee e s ~
O e e ettt ra s Deviation angle .........c.eecveeierierieneeieeeee e e rad
Y ettt ettt ettt eae st aen Ratio of specific heats.........ccccoviiiiiiieieeeeee e ~
Y ettt et Stagger angle..........cooevieieieree e rad
Do DIfferenCe ....covevevieeieeiieieicreseeeeet e ~
O ettt ettt sraens Boundary layer thickness ..........cccoccveevivienieniinie e, m, ft
€ ettt ettt et e st e bt et e e nneetaenteeteenrean SHP FACTOT ..ot ~
€ eeeereenreesnreesteeateeenteeebaeebeeetaeenteennbeennaeens Recuperator effectiVeness .......cvevvieeiieiiieeiieriiesie e ~
TIHPT «ovveenvernverneerseenseensennsessesssenseenseenses High Pressure Turbine efficiency .........cccecveverienencienienieeee e ~
L1713 PSS Low Pressure Turbine efficiency.........cccceeveriieeenieneniieeeeceeeee ~
D s Theta Parameter..........ccccveiveiieienieiee e ~
D s ANGLE . rad
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FC et et eeee et et ettt aeene e e Thermal conductivity coefficient............cccervverurennenne. W/mK, BTU/ft°R
TEC tenveeereseeesseeseesseeatesseeseesseesaesseeseenseennas Compressor total Pressure ratio..........ceveeeeerieeeeesceeseenseenieeceeseeseenens ~
TUdeenveenreeneesseeseesseenseeseeseessesseenseenseessenssens Inlet total PreSSUIE TECOVETY ....eevvierrierrieereerierieeieereesesreseeesseeseesenns ~
D ettt ettt ettt ettt ne e Fluid Density .......covoveveveveverererereereeeecceeeeeeenenans kg/m? Ibm/ft

8D e e POWET ..o W, BTU
o SRS Cascade or blade SOlIdItY......c.ceoueeierieiieiieiereee e ~
O ettt ettt ettt ettt et e ettt e e nteeneenteenteentean SHESS eeenveenieeneeetee et eete ettt sttt ettt Pa, psia
OROOP + -+ eveeveemeensensensensesseesteneensensensensesseeseennensesensens HOOD StIESS .t Pa, psia
ettt ettt et ettt ettt e ae et ne et e et e teane e Total temMPErature Tatio ........cceeerueeereeieieieie e eeeaeas ~
(D ettt ettt ettt bttt e Camber angle.........cooiiiiieieieee e rad
ettt Diffuser wall divergence angle ............ccoceverininenininieeeeee rad
L RSP UURO PR Flow COCTIICIONt.......ccuiiiiiiieiicieeieceeee e ~
L USSP Equivalence ratio.........ccceceeeierieiiesieneerieseeseere e ~
Do Cooling effectiveness parameter............ccuevverveerreerveeeeneenseereeeeseennens ~
W ettt ettt et ettt ettt e enaenraennean Stage loading parameter ............cceecvereerierieerieeieeeeseee e ~
(. enveeneeeeeeeeeetee e eteeteetessee s e eseeaeenneenee st eseenneans Angular Speed ........ccceveerieriieieeeee e rad/s, rpm
Subscripts Description
L ettt e a e e a e e bt h e bt et e e bt ea bt et eh e e bt e bt ebteebe e beenrean Station numbering
DD ettt bbbttt e a et h e e bt e bt e a bt e et ea bt e et eh e e bt e bt e a bt ea bt eateeh e e bt e bt enbeentenbeenhean Burner
C ettt ettt bttt et ea e et e et e et e ea bt eh e e eh e e eh e e bt et e e Rt eh et ekt e bt e Rt e ea bt eR et eh e e b e e bt e bt ea et eh et e h e e eheen bt ek e e eh e et e enbeeatesneenbeenes Chord
G tetttette e te e te i teetee—ee bt e bt ateatteattenteebe et beasteahteheenbeenseans e et e e et s et e enteesseesbeeRte s ee Rt e reenseenteseenseeneeereenreenns Cold, cooling
C et eutte et ee e tee e tte e tee e tte e tee e beeetee e baeeabeeebae e beeebteentee et teentte e tte ettt e teeente e nteennbe e nteetaeebeeenbeesabeeenbeennts Compressor
CTTE 1ttt ettt ettt bttt a et e etk b e e bt h e a e st e et h e e bt e bt he ekt e a e e aH e bt eh e bt eh e eh e e a e en b e b e e E e bt eh e bt e bt enten s et et e naente b e Critical
0] 2 PSPPSR Center body
DZ . bttt b e bbbt b et b et ea bt es Dilution zone
ettt bbbt a ettt h e bbbt eh et et be bt eb e bt bt eat et et st ten Hub
USSP Hot
20 TSRS Logarithmic mean
ettt ettt bt bt eh et ea et et e heeheeh e ea e e a e et e ke bt ekt eheen e en s et et e se et ekt eheebeeneententensenseaten Liner
10 OO U SRS Pitchline
TTUAX -ttt eteeteeueenten e et e ue et e eheeaeea e eaeen s e eeeh e eh e eR e eR £ eaeea s e be oAt eheeR e es e eatea s e be ekt eReeR e eR e eat et e ehe ekt ebeeaeeneeneententeasennene Maximum
Pttt e bt et e et e et e et e et e e b e et b e esbeeatenbeenbearaeereenaeenseenes Primary zone
(S OO OO OO OSSOSO PRUOURRRRI Reference
Rttt e b et ettt ettt e e b e e st e et b e eaaeeate he e bt e been bt erbeest e st en b e esbees b et e e beenbeenbensaenrees Casing
L ettt et h e h ettt h e bbbt h e st a ettt h e b€ et e e aeea s et et b€ Sh e bt e bt eh s et et e b nh ekt h e e bt eat et e b et b bt ebe e bt ebe bt et eneen Relative
SV ettt ettt e e e —teeee—te e e ettt eeaa—eeeea—teeaattteeaa—teeaaiateeaatrteeea—eeeaareeee ettt eeanraeeaeareeearreeannes Swirler, swirl
S ettt ettt ettt a b e aat e R te st e bttt enteentees e et e enteenteente s ee st enseennennnas Secondary zone
L TSRS Tip
B ettt ettt ettt ettt et e e bt e bt e teeateeh e e eh e et e ea et ea e e eR e e bt e bt e bt e et en et enee Rt e st enteeneeene e bt e bt enteeneenean Total or Stagnation
L1 1 USSP Throat
L0 SO OO OO SRRPRRRPOP Total
VG ettt ettt h e bbbttt e he e e bt bt ettt e at e bt e bt e bt et sbeenas Vortex Generator
W ettt ettt e e eh et ea e et et e bt ekt eheen e en e et ea s e teeE e Rt eheeheeReensea s et e teeheeheeR e eh e eatentea s e A e bt eReebeententent et eaneeheebeeaeebeeneeneenes Wall
Abbreviations and Acronyms Description
ATAA L e American Institute of Aeronautics and Astronautics
N RSP S Aerodynamic Interface Plane
CAD ettt b e et h e a ettt e bttt bt aeene et e e e aeeaeenes Computer Aided Design
L1 (USSP Ceramic Matrix Composite
G0 bttt bbbt a e bbb bt bbbt ea et et et et et tens Carbon Monoxide
G0 ettt b b h et a e bkt b e bt bt et e n et e bbbt e bt et ent et ennen Carbon Dioxide
DPCP ..ttt st ettt ettt nbeneaenaeas Circumferential Distortion Intensity




DD ettt ettt bttt he e ae et et et e be At ebe et e bt et en e et et e nenaeean Dilution Zone
D rFaCHOT ..t e a ettt b et eb et ettt b e b et enee Diffusion Factor
EBC oottt be et saa e s aeesaeebe e b e esbeesaenraens Environmental Barrier Coating
EEC .ottt sttt e b e et e ta e e te e te e beenbeenbeenaenneas Engine Electronic Controller
2 5 ) SRS PRSP Electro-Impulse De-icing
2 PR SSR Entry-into-Service
FAA ettt Federal Aviation Administration
FADEC ...ttt sttt Full Authority Digital Engine Control
210 ) D 2RSSR Foreign Object Damage
G ettt ettt bt h e h et a et ekt be et ehe et et et e bttt et ebeeneeneeneenean General Electric
P ettt bbbttt et e b e e b e s bt e bt e b e e be e e beeenee s Horse Power
HoO oottt et ettt et ettt et e et a e et e et bt e aae e ta e e ate e tae e steentaeeanbeetteenntaenreen Water Vapor
HPT .ottt ettt et e e b e e b e e b e e tb e st e e ta e beebeesbeeraeenaeeseeeseenseenseans High-Pressure Turbine
HRPMM ..ottt High Reactance Permanent Magnet Starter/Generator
HUDMS ..ottt et ettt et e et e s e e sseebeensesnnenns Health and Usage Monitoring System
TCAO ettt International Civil Aviation Organization
P T ettt bbbttt ettt b e bbbt ettt et bt ebes Low Pressure Turbine
11 PSRRI Margin of Safety
NAS A e e National Aeronautics and Space Administration
[ )RR Nitrogen Oxides
L0 ] 2 SRR Operating Pressure Ratio
PR ettt bbbt ettt a e bt e h et e bt et e bt e b enteeaaenbean Pressure Ratio
PSEC . ettt e ettt et e e ae e sabeenaaeens Power Specific Fuel Consumption
P ettt h e bbbttt et a e bt e bttt e a e et e b e nbe et as Primary Zone
REP ettt ettt ettt e b e e tb e aee s a e e bt e b e erbeenteetaeere e baenbeestensaens Request for Proposal
RPM ettt a e bbbt ettt b e bt eb et enteneene Rotations Per Minute
SHP .ttt bbbt b e bbbt et enean Shaft Horse Power
S S ettt bt bt bt eh ettt h e bbbt e a e e et e b bbb et be e Sea Level Static
SN ettt b e b bbbt a ettt h e bbbt ettt be bt b e Summerfield Number
N PR SPR Standard
S ettt ettt h e h e bttt ettt ea e e eh e e bt e bt e teenteenee bt eteenteeneenns Secondary Zone
05T TSSO Thermal Barrier Coating
TR ettt sttt a e e ettt ettt b e e et eh e nt et et e neene e Technology Readiness Level
U AV ettt ettt ettt et e bt et e st et et et e st e e besbeebeeneeneennans Unmanned Arial Vehicle
UHC ..ttt ettt et be e a et e st e et e et e e bt saeebeeneanseaenaeeneeee Unburned Hydrocarbons
VUG ettt ettt sttt e a et et s he e bbbttt e b s Vortex Generators
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1 Introduction

The Request for Proposal (RFP) [1] called for a candidate engine to be used as the power generator
for a hybrid-electric UAV. The current baseline engine that the SR-1000BDE will replace is the TPE331-
10, first designed by Honeywell over 50 years ago [2]. The new turboshaft engine must have a lower fuel
consumption, 20+ hour loiter time, and produce a similar power output while fitting within a similar
engine envelope.

Recent advancements in unmanned aircraft have allowed for an increased capacity for UAVs to
perform a range of dangerous tasks in emergency situations that were typically only trusted to manned
missions. The effectiveness of unmanned search-and-rescue operations have proven that UAVs can find
victims faster and with a success rate similar to their human-controlled counterparts [3]. Search and rescue
vehicles strive to maximize flight times, and current trends are replacing typical gas turbine propulsion
applications with a hybrid-electric propulsion system. The RFP requests a design to replace the turboprop
gas turbine engine with an optimized gas turbine generator to pair with a previously designed hybrid-
electric configuration.

The SR-1000BDE incorporates several cutting-edge technologies and concepts that allow it to meet
and exceed the RFP requirements. The use of a recuperator provides a boost to thermal efficiency which
drastically lowers fuel consumption. Ceramic matrix composites (CMCs) were used to decrease the
weight of hot section components and eliminate turbine cooling. The use of CMCs also allows for higher
combustor liner temperatures and less cooling air, providing a more uniform temperature profile at the

turbine inlet.

2  Concepts in Advanced Cycle Design

This section documents the design philosophies and performance analysis for the SR-1000BDE. It
discusses the baseline cycle, the creation and optimization of a new cycle, and a comparison between the

two cycles.
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Responses to the RFP are required to have 25% fuel savings at loiter, be able to loiter for at least 20
hours, have a 10% increase in power to weight ratio, be lighter than the baseline engine, and stay within
5% of the power output of the baseline engine. It is also desired to have technical feasibility and low

operating costs [1]. These will be the driving factors for the new design.

2.1  Engine Concepts for SR-1000BDE
There were four cycles designs that were investigated for the SR-1000BDE:

¢ Original engine architecture with EIS dated efficiencies and trends;

e High-efficiency engine architecture using axial and centrifugal compressor stages with a
higher cycle pressure ratio and a higher burner exit temperature;

e High-efficiency engine architecture using axial and centrifugal compressor stages, a reverse
annular combustor, and a recuperator;

e High-efficiency engine architecture using axial and centrifugal compressor stages, a reverse
annular combustor, and an intercooler.

Concept 1 uses complex architecture involving two centrifugal compressors and a reverse annular
combustor. This design experiences a lot of pressure losses due to turning the flow. However, the design
is very compact, which saves space on the aircraft. This design runs both centrifugal compressors off the
same spool, which saves weight and manufacturing costs by not requiring a second shaft.

Concept 2 reduces pressure losses by having a single spool axial stage and centrifugal stage in the
compressor. This design has a high cycle pressure ratio and a high burner exit temperature.

Concept 3 has a single spool compressor with an axial stage combined with a centrifugal stage. It
also utilizes a recuperator to increase thermal efficiency and decrease fuel consumption. This cycle allows

for a reduced cycle pressure ratio, and a lower burner exit temperature.

Aerospace Engineering 2




Concept 4 is similar to Concept 3, except it replaces the recuperator with an intercooler. The
intercooler decreases the temperature between the compressor stages. This allows for better combustion
and more power generation.

Concept 3 was selected for its lower fuel usage. The design is compact and the increase in complexity
is offset by the fuel savings. Concept 3 was selected over Concept 2 because the decrease in burner exit
temperature eliminates the need for cooling in the turbine. Concept 4 was not chosen due to the higher

fuel consumption.

2.2 Engine Components and Diagrams

The schematic of an arbitrary cycle that is similar to the SR-1000BDE is shown in Figure 2.1. This

figure was taken from GasTurb 13 [5]. The station numbers are defined as follows:

2. Compressor Face 2
3. Compressor Exit
31. Recuperator Cold Side Inlet |

1. Inlet S A8 ®
3 31f ‘

35. Recuperator Cold Side Exit N ~—
4. Burner Exit gl /1 | ] iy )
41. HPT Inlet N\ | —
44 HPT EXit 35 HP leak to LPT exit | oo s e
45. LPT Inlet —
5. LPT Exit . e - ?
6. Recuperator Hot Side Inlet — = J/
7. Recuperator Hot Side Exit Bliesd s
8. Exhaust Exit -

Okgls HPT 0%

0% LPT NGV cooling 0%

LPT cooling 0%

Figure 2.1: Station Map for SR-1000BDE [5]

2.3 On-Design Analysis of the Baseline Engine

The RFP provides a baseline cycle for the Honeywell TPE331-10 turboprop engine. GasTurb 13 was
used to model the baseline cycle. The model matched the provided cycle, which validates the model and

allows for optimization of that model. An off-design analysis of this cycle was then conducted for the

=
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loiter condition. This was done because the new engine would be designed for the loiter flight condition
to maximize the loiter time. The baseline engine’s loiter cycle is shown in Table 2.1.

Table 2.1: Baseline Cycle at Loiter [5]

W T WRstd
Station 1Tb/s R psia 1b/s PWSD = 603.6 hp
amb 493.71 11.340
1 6.956 503.21 12.121 PSFC T 0.5519 1b/(hF*h)
2 6.956 503.21 12.121 8.307 Heat Rate=  10158.5 BTU/(hp*h)
3 6.956 1110.11 128.994 1.159 Therm Eff= 0.2507
31 6.956 1110.11 128.994 WF = 0.09252 1b/s
4 7.049 1989.00 118.207 1.716
41 7.049 1989.00 118.207 1:716 s NOX = 0.23664
49 7.049 1228.90 11.705 incidence= 0.00 °
5 7.049 1228.90 11.705 13.623 XM8 = 0.2165
5] 7.049 1228.90 11.705 AB T 110.75 1in?
8 7.049  1228.90 117035 13.623 P8/Ps8 = 1.03219
Cool 0.000 1110.11 128.994 Wcl_L/wW2 = 0.00000
Blee 0.000 1110.11 128.994 weld/wW2 = 0.00000
—————— e e e Frs # P2/P1 == 1.00000
Efficiencies: isentr polytr RNI P/P WCLN/W2 = 0.00000
Compressor 0.7838 0.8408 0.855 10.642 WCLR/W2 = 0.00000
Burner 1.0000 0.916 Loading = 122.48 %
Turbine 0.8644 0.8242 1.660 10.099 ed5 th T 0.86437
Generator 1.0000 PW_gen = 603.6 hp
spool mech Eff 1.0000 Speed 19205 rpm P6/P5 = 1.0000
hum [%] war0 FHV Fuel
0.0 0.00000 18400.0 Generic

2.4 Advanced Technologies and Concepts

A design goal for the new engine cycle was to minimize the brake specific fuel consumption (BSFC).
This was accomplished using trade studies found in the next section. Some of the advanced technologies
played a huge role in the development of the new cycle. A recuperator was used to decrease the fuel
consumption. The use of a recuperator resulted in a 16% increase in thermal efficiency and a 41% decrease
in fuel consumption.

Another goal of the engine design was to meet the length and diameter requirements. To do this, a

REVERSE FLOW
LOW PRESSURE COMPRESSOR COMBUSTION SYSTEM

HIGH PRESSURE
- COMPRESSOR

reverse annular combustor FREE POWER TURBINE

was used. This allowed a

portion of the turbine to be

TWIN-SPOOL TURBO-SHAFT ENGINE (with free power turbine)

under the combustor,

Figure 2.2: Reverse Flow Combustor Configuration [4]
reducing the axial length of the engine. Figure 2.2 shows a diagram of this configuration.

To save weight and reduce the amount of cooling needed, ceramic matrix composites (CMCs) were

used in the combustor and turbine. The use of CMCs allowed for the reduction of cooling in the combustor

S
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and the elimination of cooling in the turbine blades. The CMC turbine blades are approximately one-third
the weight of metallic turbine blades and can handle temperatures up to 2860°R [6]. CMCs have been
demonstrated on GE engines, which gives them a TRL of 9. Research from NASA Glenn has proven that
CMCs can handle a surface temperature of 3160°R without the need of cooling. This is accomplished
using environmental and thermal barrier coatings, EBCs and TBCs respectively [7]. This means that there

is little risk that CMC technology will be ready at the EIS date of 2025.

2.5 On-Design Analysis of SR-1000BDE

The efficiencies and parameters in Table 2.2 were chosen using Mattingly’s Aircraft Engine Design
3™ Edition for an EIS of 2025 [8]. The nozzle pressure ratio was set to 1.1 following Farokhi [9]. This

design choice was made to ensure the net thrust of the engine was positive.

Table 2.2: Cycle Efficiencies and Parameters
Inlet Burner Turbine Turbine Nozzle Burner

PR PR Interduct PR  Exit PR PR Efficiency
0.998 0.969 0.998 0.998 1.1 0.999 0.910.9]0.995 | 0.995
With the design parameters chosen, the cycle needed to be designed a minimal fuel flow by

conducting parametric studies. Figure 2.3 and Figure 2.4 show carpet plots that were used in the final
selection of design parameters. The team decided to design the SR-1000BDE for the loiter flight

condition, as this was the flight condition that the engine would be in the most. The black box in each plot

Inlet Corr. Flow W2Rstd = 4 ... 9 [Ib/s]
Burner Exit Temperature = 1900 ... 2400 [R]

depicts the Fuel Flow [Ib/s] = 0.036_0 112
1400,
timiz 1
op ed cycle -
that was chosen T 1000,
i
o
for  the SR- € gg0]
g 9
= 8
1000BDE. 2 600 -
[=]
o
= 6
& 4001 5
73] 5 4
200/ - g
1%
0 =
6

28 3 a2 34 3 38 4 42
Power Sp. Fuel Cons. [Ib/(hp™h)]

Figure 2.3: Parametric Study Showing SHP, PSFC, T4, and Mass Flow Rate
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Figure 2.3 shows that the corrected mass flow rate at Station 2 is the driving factor for fuel flow.
Decreasing the mass flow reduces the amount of fuel needed to maintain the same fuel-to-air ratio. A key
thing to look for when decreasing mass flow rate, is the decrease in overall engine size as well. The plot
shows that the burner exit temperature is the driver for PSFC.

Figure 2.4 shows that the cycle pressure ratio is a driver for PSFC. The plot also shows that T4 is a
key parameter that contributes to the shaft power. The fuel flow rate is a function of both the burner exit
temperature and the cycle pressure ratio.

The parametric studies allowed for the optimization of key parameters. Figure 2.3 was used to
determine the inlet mass flow rate and the burner exit temperature. The inlet mass flow rate was set at 5

. Pressure Ratio =7 ... 13
lb/S ThlS was Burner Exit Temperature = 1800 ... 2400 [R]

Fuel Flow [Ib/s] = 0.04...0.068
800

chosen to help
750 1

minimize PSFC. A 7001
e
. = 650
smaller inlet mass :
Z 600
a
flow rate could T .5
(]
=
a
have been chosen, = %]
X o
@ 450 ]

but it was deemed

400 1 2

that the engine o5 - P . B ; - : %
Power Sp. Fuel Cons. [Ib/(hp*h)]
would then become Figure 2.4: Parametric Study for OPR and T4 [5]

unrealistically small. To achieve a shaft horsepower of approximately 600hp, the burner exit temperature
was set to 2170°R. When this burner exit temperature was evaluated in Figure 2.4, the optimal cycle

pressure ratio was found to be 9.83. A cycle summary is shown in Table 2.3.
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Table 2.3: Summary of Cycle for SR-1000BDE [5]

W T P WRstd
Station 1b/s R psia 1b/s PWSD = 590.8 hp
amb 493.71 11.340
1 4.179 503.21 12.121 PSFC = 0.32953 1b/(hﬂ*h)
2 4.179 503.21 12.097 5.000 Heat Rate= 6098.8 BTU/ (hp*h)
3 4.179 1029.14 118.552 0.730 Vo 2 337.70 ft/s
31 4.179 1029.14 118.552 0.331 FN res = 32.95 1b
35 4.179 1335.61 116.181 P35/P3 = 0.98000
4 4.233 2170.00 112.811 1.128 WF = 0.05408 1b/s
41 4.233 2170.00 112.811 1.128 Therm Eff= 0.41765
43 4.233 1718.23 38.937 P2/P1 5 0.99800
44 4,233 1718.23 38.937 TRQ = 100.0 %
45 4.233 1718.23 38.859 2.913 P45/P44 = 0.99800
49 4.233 1351.29 13.586 Incidence= 0.00000 °
5 4.233 1351.29 13.586 7.390 P6/P5 = 0.99800
6 4.233 1351.29 13.558 PWX = 0 hp
7 4.233 1054.86 12.474 P7/P6 = 0.92000
8 4.233 1054.86 12.474 7.111 P8/Pamb = 1.10000
Bleed 0.000 1029.14 118.551 weld/w2 = 0.00000
ey AB = 35.06 1in2
Efficiencies: isentr polytr RNI P/P WCHN/W2 = 0.00000
Compressor .8651 0.9000 0.853 9.800 WCHR/W2 = 0.00000
Burner 0.9990 0.971 Loading = 100.00 %
HP Turbine 0.9113 0.9000 1.435 2.897 WCLN/W2 = 0.00000
LP Turbine 0.9117 0.9000 0.646 2.860 WCLR/W2 = 0.00000
Heat Exch 0.9500
Generator 0.9700 PW_gen = 573.0 hp
HP Spool mech Eff 0.9950 Nom Spd 38000 rpm
PT Spool mech Eff 0.9950 Nom Spd 10000 rpm eta t-s = 0.79524
hum [%] warQ FHV Fuel
0.0 0. 00000 18500.0 Generic

2.6

Off-Design Analysis of SR-1000BDE

GasTurb 13 was used for off-design analysis at both takeoff and cruise conditions. Table 2.4 shows
the salient characteristics of off-design at takeoff, while Table 2.5 shows the key characteristics of off-
design at +27°F Std. Day. Table 2.6 shows the key parameters at cruise conditions. Power generation at

each condition is within 5% of the requirement.

Mach

Number

Table 2.4: Off-Desig

Tu °R)

n at Takeoff SLS Condition
Mass
Flowrate

0.0

0.329 2620

5.50 11.5

985

Mach
Number

Table 2.5: Off-Design at Takeoff +27°F Std. Da

T« CR)

Mass
Flowrate

0.0

0.479 2660

5.29 11.03

943

Mach

Number

Table 2.6: Off-Design at Cruise Condition

Teu CR)

Mass
Flowrate

0.35

0.325 2460

3.83 11.62

669
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2.7 Performance Comparison with the Baseline Engine

The SR-1000BDE must showcase a 25% fuel savings to reach a 20 hour loiter, a 10% increase in
power to weight ratio at SLS, a power output within 5% of the baseline engine, and a range of 1000
nautical miles. The fuel used during the flight was found by generating a sample mission profile. The
characteristics of the mission profile can be seen in Table 2.7 and Table 2.8. Table 2.9 shows the
comparison of the SR-1000BDE to the baseline engine. The SR-1000BDE meets and exceeds all the
requirements of the RFP, boasting a 41% fuel savings at loiter, a 74% increase in loiter time, and a 71%
increase in range.

Table 2.7: SR-1000BDE Mission Profile

Takeoff and

Cruise

Climb Cruise Out Loiter Return Landing
HP 985 668 632 668 468
Fuel Flow 0.09002 0.0579 0.0541 0.0579 -
(Ibs/s)
Time (hr) 0.035 0.17 20.28 0.17 0.08
Altitude (ft) 0 12500 7000 12500 0
Fuel Used 1.74 5.37 588.75 5.37 3.17
(gal)
Total Fuel 602
Used (gal)
Table 2.8: Baseline Engine Mission Profile
Takeoff and Cruise Out Loiter Cruise Landing
Climb Return
HP 940 690 603 690 468
Fuel Flow 0.14622 0.10931 0.09252 0.10931 -
(Ibs/s)
Time (hr) 0.035 0.17 11.64 0.17 0.08
Altitude (ft) 0 12500 7000 12500 0
Fuel Used 2.72 9.77 993 9.77 2.07
(gal)
Total Fuel 1017.33
Used (gal)
Table 2.9: SR-1000BDE Comparison to Baseline Engine
TPE331-10 SR-1000BDE Percent Difference
Loiter Fuel Usage 993 gal 588 gal 40.7% Fuel Savings
Loiter Time 11.64 hrs 20.28 hrs 74.2% Increase
Power to Weight 2.44 hp/lb 11.4 hp/Ib 367% Increase
Ratio
Range 2304 nmi 3946 nmi 71.1% Increase

<
=w@ Aecrospace Engineering




w THE UNIVERSITY OF

3. Engine Flow Path

31

41

35

44/45 S

ﬁ Aerospace Engineering




THE UNIVERSITY OF

KANSAS

4  Detailed Component Design

4.1 Engine Subsonic Inlet

The SR-1000BDE uses a subsonic transitioning S-duct inlet to direct airflow to the compressor face.
Figure 4.1 displays an isometric view of the inlet with respect to the entire engine, and Table 4.1 tabulates

the salient inlet performance and geometric parameters.

Figure 4.1: SR-1000BDE Subsonic Transitioning S-Duct Inlet

Table 4.1: Salient Characteristics of SR-1000BDE Inlet

Parameter Value
Total Pressure Recovery, 99.8 %
Length, L 59.5 cm
Offset Height, h 18 cm
Inlet Face Area, A4 0.183 m’
Compressor Face Area, 4, 0.168 m*
Weight, W, e 1.48 kg

4.1.1 Inlet Design Considerations

The major requirement for an inlet consists of providing flow to the compressor with low dynamic
and steady-state distortion, while achieving high total pressure recovery across all flight phases.
Additionally, a well-designed inlet should be light weight, have acoustic absorption, foreign object
damage (FOD) tolerance, de-icing capabilities, and low installation drag. From the RFP, there are

additional sizing constraints with an engine diameter less than 27 inches.

S
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When delivering airflow with low distortion and high total pressure recovery, avoiding flow
separation in the inlet is critical. To further prevent separation and improve flow quality at the compressor,
an array of vortex generators is uniformly integrated into the duct walls to improve total pressure recovery
while reducing flow distortion.

Unlike internal airflow, external flow produces installation drag which is directly related to the
aircraft integration. To decrease drag, the engine is designed to be placed inside a UAV airframe. This
requires the inlet to have a curved centerline exposing the inlet to incoming airflow, which is
accomplished using an S-duct. Additionally, the S-duct is transitioning, allowing the inlet face to have
geometry with better aerodynamic performance.

To limit overall engine weight, the inlet is designed to be lightweight by selecting a light material
and limiting inlet size. For an S-duct inlet, size can be minimized by designing the duct with a large

average wall angle and a small offset height.

4.1.2 Inlet Auxiliary/Advanced Technologies

Improvements in total pressure
recovery and reductions in compressor
face distortion, as previously discussed,
have been achieved using vortex
generators. Several computational and
experimental studies have been

conducted validating the benefits vortex

generators have on flow quality through

(b) With flow control

an S-duct inlet. Figure 4.2 displays Figure 4.2: Effect of Vortex Generators on Stall Mitigation
[12]
streamlines and aerodynamic interface plane (AIP) pressure recovery contours obtained from a numerical

simulation conducted by the Swedish Defense Research Agency. The plots illustrate the impact vortex

S
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generator flow control has on the  aple 4.2: Diffuser Flow Quality Improvements Due

. to Vortex Generators [11
distribution of total pressure recovery at L]

the AIP, as well as the prevention of flow

separation. ~ Table 4.2 presents Baseline
without 0.9561 0.0596
computational results from NASA’s VG’s

Glenn Research Center. The data shows

He bencficial ] B‘::ietll‘l“e 0.9617 | 0.0286
the beneficial impacts of vortex generators \E’s (+1.2%) | (-56.5%)

on the total pressure recovery and average

SAE circumferential distortion (DPCP) at the AIP. The design, number, and location of the vortex
generators in the SR-1000BDE inlet will be discussed in a later section.

De-icing of the inlet lip is made possible by including an (EIDI)
system. An EIDI system consists of spirally wound, flattened coils made
from ribbon wire. The coils are rigidly supported inside the lip skin,
separated by a gap of about 2.5 mm. During operation, an electric current
pulse generated from a capacitor is transmitted through the coils. This current

produces a magnetic field in the coils, which simultaneously induces an eddy

current in the metallic lip skin. The two currents’ fields repel each other,
causing a low-displacement, high-acceleration jolt of the skin attached to the
coils [14]. The corresponding jolt shatters the ice, breaking its bond with the

lip skin. This de-icing process is illustrated in Figure 4.3.

Figure 4.3: Electro-

Impulse De-Icing ) . )
Operation [15] An EIDI system is valuable due to its substantially lower energy

requirements compared to other de-icing strategies and requires no external additions to the nacelle skin.
In a joint study conducted by the U.S. Department of Transportation and the FAA Technical Center,
theoretical energy requirements were compared between thermal de-icing/anti-icing methods and an EIDI

system. The comparison is tabulated in Table 4.3. It is important to note that the values presented for

S
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thermal methods do not account for heat losses Table 4.3: EIDI Energy Requirement

Comparison with Thermal Strategies [14]
De-Icing/Anti-Icing Energy Required

in the thermal systems. Furthermore, because

Strategy (W-hr/kg)

an EIDI system utilizes electromechanical Evaporate Water 651.1
. . . . Melt Ice 93.8
devices, the inlet requires no bleed air from the Remove Ice with EIDI 0.7

compressor for de-icing, which would be
detrimental to cycle efficiency. Instead, the electromechanical devices (i.e., coils) are fed with high

impulse currents by an impulse generator. Such an electrical set-up is illustrated by the schematic in Figure

44.

impulse generator

EIDI systems have been studied,

thyristor

diode
developed, and tested at various institutions, | [——
grounding™=
such as: NASA’s Glenn Research Center, the
Canadian National Research Council, Wichita  Figure 4.4: Electrical Connection Diagram of

EIDI System [14]
State University, and Rolls-Royce [14]. The

company Innovative Dynamics, Inc. designs and manufactures an EIDI system that is certified by the

FAA to operate on the Raytheon Premier I business jet [17]. Therefore, an EIDI system implemented on

the SR-1000BDE inlet meets the TRL requirement for 2025 outlined by the RFP.

4.1.3 Inlet Sizing and External Geometry

Following strategies and guidelines from Farokhi [9], the subsonic transitioning S-duct inlet was
sized accordingly. The first step involved calculating streamtube capture area for each flight phase.
Streamtube capture area is a function of the flight Mach number, total temperature and total pressure, and

inlet mass flow rate, as shown in Eq. 1.

y+1
v 1 2(y-1)

. t0 Eq. 1

my = |[z——AcMo| ———— !
R\/Tto 1+—y21M§
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For subsonic applications, the inlet highlight area is typically designed so that the capture streamtube
itself acts like a diffuser. However, because the maximum flight Mach number is 0.35, and the compressor
face requires a Mach number of 0.5, external diffusion via the capture streamtube is unnecessary.
Therefore, the driving parameter for highlight area sizing was chosen to be spillage drag. Spillage drag,
which is approximated by Eq. 2, is defined as the difference between inlet additive drag and lip thrust.
The term K is a correction factor that multiplies the theoretical spillage drag. This correction factor
typically ranges between 0.4-0.7, and is determined experimentally [20]. The correction factor was chosen
to be the mean of the range, 0.55. Given the flow Mach numbers across two stations, the area ratio

between the two stations could be calculated isentropically using Eq. 3.

Dspillage = Flip - Dadd i K(Thl [Vl - VO] + Al[Pl - PO]) Eq. 2
y+1
y—1. ,120-D

A M 1+—2 Mg
Ar Moy Yo Ly

2

Eq.3

Using the above equations, spillage drag and inlet highlight area were plotted with respect to inlet
face Mach numbers in Figure 4.5 for cruise and loiter flight conditions. The goal of these calculations was

to determine an optimal highlight area yielding the minimum spillage drag between the two flight phases.

2000 0.7
Loiter Spillage Drag Loiter Inlet Area © Design Point
|~ == *Cruise Spillage Drag - - - Cruise Inlet Area 0.6
I .

As seen from the figure,

|

the lowest spillage drag 1500 1
S 0.5

between cruise and loiter o

1000 -

occurs with a highlight area of 0.3

0.0183 m?, corresponding to an 500 0.2

Spillage Drag, Dspillag(, (N)
Inlet Highlight Area, A1 (mz)

M; at the inlet highlight of 0.1
= = |

0 | P | - = 0

0.322. With the highlight 0 01 02 03 04 05 06 07 08

Inlet Mach Number, M1

sized. the inlet throat area could Figure 4.5: Spillage Drag and Highlight Area Calculations for
Loiter and Cruise Flight Conditions
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Line of First Stall be sized using the isentropic relation

— Line of Appreciable Stall
- = = A /A, Design Point

from Eq. 3. Due to the throat curvature

b
th
T

o (bw Design Point

effect, the flow from the highlight to

throat locally accelerates a greater

._.
in
T

amount near the duct walls. Figure 4.6

S-Duct Area Ratio, AZIAT "
[ ¥

AZIA“! =1.134

illustrates the throat curvature effect.

0 5 10 15 20 25
Average Wall Angle, qbw )
Figure 4.6: Average Wall Angle Sizing with Respect to
Geometric Stall Data [19]

Because of this phenomenon, the
average throat Mach number must be
less than or equal to 0.75 to avoid locally choked flow [18]. An average throat Mach number of 0.4 was
selected, ensuring the flow remains subsonic across its entire profile. This Mach number corresponds to
a throat area, Aty of 0.0148 m”. Next, the length, face offset height, and average wall angle of the inlet
were sized. Reference 18 was used extensively in the ("
design of the S-duct diffuser. From the cycle analysis, -

<1 desirable

max
the compressor face diameter was established as 0.1462
Mass-averaged
m, corresponding to an A, of 0.0168 m?. This increase in :
profile

area from the inlet throat to compressor face results in an

adverse pressure gradient downstream the throat. Figure 4.7: Throat Curvature Effect [18]

Because of this pressure gradient, it was essential that the S-duct average wall angle, ¢,,, not be so high
that flow separation occurs. Therefore, geometric stall margins produced by Lee and Boedicker were used
for selecting an appropriate ¢,,,. The stall margin data was reproduced on a graph in MATLAB, as shown
in Figure 4.6. This figure illustrates the effect of duct area ratio (A2/Aty) and average wall angle ¢,, on
stall tendencies within the duct. Because of the low duct area ratio of 13.4%, an average wall angle of 20°
could be employed while maintaining separation-free diffusion.

With ¢,, acquired, the duct offset, h, and length, L, were calculated. Eq. 4 [19] relates h and L with

the average wall angle. Using this equation, the graph in Figure 4.8 was produced.
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¢,, = tan™! (ﬁ+/1—; /(2—£>\ Eq. 4
\L \ V) > )

As seen in the figure, the magnitude of ¢,, has a significant impact on the overall size of the S-duct.

The larger the average wall angle, the smaller the duct length for a given offset height. It was chosen to

set the offset height, h, to 18 cm. 0.3 — e
0.25 _d’:'=15°
Based on the graph, this corresponds ) ¢, - 20°
:é_: _d)\']:zsn
to an inlet length, L, of 55 cm. = 02| o pesign Point
!
With the length and face offset =
height  determined,  geometric ©
functions for calculating centerline

0.35 0.4 .45 0.5 0.55 0.6 0.65

and area distributions of the S-duct Duct Length, L (m)

were employed. The centerline shape Figure 4.8: Duct Length Sizing

of the S-duct is important to consider because it dictates the transverse pressure gradient (and thereby the
secondary flow). Area distribution is considered in the S-duct design due to its impact on the streamwise
pressure gradient imposed upon the flow (and thereby the flow separation). According to Lee and
Boedicker, the best diffuser performance is achieved by a combination of slow turning and high diffusion
rate at the inlet face. Eq. 5 and Eq. 6 geometrically map out the centerline and area distributions that
correspond to the best diffuser performance. Both distributions are plotted in Figure 4.9.

y(x) = h [—3 (%)4 +4 (%)3] Eq. 5

A(X) = Argy (;TZH - 1) [3 (%)4 y: (%)3 +6 (%)2] + Ary Eq. 6
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Summarizing the extemal
Centerline Distribution
T T

0.15 / ‘ geometry of the SR-1000BDE
5 0.1 Compressor Face . . .
b Throat | inlet, Figure 4.10 displays a
L 0d i3 04 i 0.5 side-view of the inlet with
X (m) : :
Area Distribution salient geometric parameters
~ 0.0165 / ‘
~ _ labelled. The total length of the
E 0.016 Compressor Face -
-]
;?—J 0.0155 1 inlet (including the
0.015 ‘ , i —
0 0.1 0.2 0.3 0.4 0.5 centerbody) is 59.5 cm, and has

X (m)
Figure 4.9: S-Duct Centerline and Area Distributions an offset height between the

centerline endpoints of 18 cm. The centerbody and duct transition design will briefly be detailed in the

following section.

Figure 4.10: External Geometry of Inlet
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4.1.4 Inlet Internal Geometry

Focusing on the transitioning aspect of the
SR-1000BDE inlet duct, Figure 4.11 displays a
wireframe model of the inlet, showing the
change in the cross-sectional shape from
highlight to compressor face. The shape of the
highlight cross-section was chosen by design to

resemble the semi-super-elliptic cross-section of

the General Atomics MQ-9 Reaper, shown in

Figure 4.12. Several versions of the MQ-9  Figure 4.11: Wireframe Model of Transitioning S-
Duct SR-1000BDE Inlet

Reaper utilize the baseline TPE331-10
turboprop engine.
Since the highest rate of diffusion

occurs near the inlet face, geometric stall

margins with respect to inlet face aspect ratio ' m

) Figure 4.12: Inlet Cross-Section of General Atomic
needed to be addressed. Figure 4.13 shows the MQ-9 Reaper [21]

aspect ratio limits of the transitioning duct

with respect to data provided by Abbott,

Length=35m
D,=14.6 cm

Anderson, and Rice [22]. Although higher

N

aspect ratios were considered, it was decided

Length Ratio, [/T}
w

Attached Flow

to design the highlight with a lower aspect

Separated Flow

ratio since no stealth requirements were

0 Il 1 1 Il 1 Il 1
outlined in the RFP. As Figure 4.13 shows, ' ! : 3 ! sspect hatio, AR - 1 8 v 0

Figure 4.13: Inlet Face Aspect Ratio Limits with

the transitioning inlet is well within the Respect to Geometric Stall Margin Data [22]

region of attached flow for its aspect ratio, length, and exit diameter.

>
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The inlet transitions from a semi-

super-elliptic cross-section to a circular

Throat
[e—
N

cross-section. As mentioned in the previous

h

section, the area distribution from the inlet
throat the compressor face was obtained.
Using this area distribution, the inlet was
cut up into slices with area values assigned Figure 4.14: Slices for Capturing Inlet Transition

to each slice depending on its x-location with respect to the throat. Figure 4.14 illustrates and labels each
slice. With the area known at each slice, the general shape of the semi-super-ellipse could be calculated
using Eq. 7, Eq. 8, and Eq. 9, which are expressed in terms of Gamma functions. In these equations, a
and b represent the semi-major and semi-minor axes, respectively. The parameter n determines the

“sharpness” of the super-ellipse corners. The higher the value of n, the more pronounced the corner

sharpness is.

S = Stop T Shottom Eq.7
1
1_—
\/Eatopz [4( n“’p)] r (1 + 1 )
_ ntOp Eq 8
Stop = 1,1 '
2T (— + )
2 Ntop

1
\/Eatopbbottom [4(1_"170“0"1)] r (1 + ;)

Npottom
Shottom = 1 1 Eq.9
2r (— + —)

2 Npottom
To generate the highlight shape, the cross-section was split into two semi-super-ellipses with

different n values and semi-major axes. As the duct transitions, the semi-major axis of the bottom half
increases closer and closer to equaling that of the top half. Simultaneously, the n value decreases towards
2. Doing so at each slice allows the cross-section to gradually transition from the semi-super-elliptic shape
to a circular shape. Figure 4.15 displays the gradual transition from the throat cross-section down to the

sixth slice. After slice six, the duct has fully transitioned into a circular cross-section.
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Figure 4.16 summarizes
the salient internal geometric
parameters of the SR-

1000BDE inlet. The

y (m)

centerbody was designed

using standard ogive nose

design principles. To match

the hub diameter of the

<0.08 | | 1 | | 1
-0.08 -0.06 -0.04 -0.02 0 0.02 0.04 0.06 008 compressor, the centerbody
X (m)
Figure 4.15: Cross-Section Shape Transition from Inlet Throat to ;¢ given a diameter of 5.2
Slice 6

cm. A standard NACA-1 was used for the nacelle external contour. The placement of the vortex generators

relative to the throat was made at the location where maximum flow turning occurs. Design of the vortex

generators is detailed in the following section.

Contraction
Ratio 1.24
Fineness

N 1 RETI) 1.5
N 122 cm
4.5 cm
Figure 4.16: Internal Geometry of 52cm

BDE Inlet 60°

4.1.5 Vortex Generator Design

Design of the vortex generators was done following a design optimization study conducted by the
Swedish Defense Research Agency [12]. In the optimization study, the following parameters were varied

across many numerical simulations:
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e vortex generator (VG) height relative to boundary layer thickness, hy /3
e VG relative length, /hy¢

e VG spacing relative to length, s/l

o relative distance of VG row from point of flow separation, Ax/hy ¢

Figure 4.17 provides a definition sketch of the
Table 4.4: Optimized Parameters

geometric parameters mentioned above. From the Referenced for VG Design [12]
Non-Dimensional Optimized
simulations, the most optimized configuration yielded the Parameter Value

hy¢/8 27.5%
highest increase in total pressure recovery and lowest amount l/hyg 8.25
s/l 3.5
of flow distortion. The geometric parameters for the most Ax/hyg 6.75

optimized configuration have values listed in Table 4.4. Other than Ax/hy, the non-dimensional values
were applied to the vortex generators of the SR-1000BDE inlet. The reason the value for Ax/hy; wasn’t

used is because the inlet is designed with an average wall angle ¢, of 20°, allowing for attached flow

Flow direction

—

Vortex Generators

\
location of separation

Figure 4.17: Definition Sketch of VG Geometry [12]

throughout the entire inlet. Instead, the vortex generators were placed at the point where the highest wall
angle occurs. At this point, turning of the flow is tight, resulting in higher flow diffusion.

Sizing the vortex generator height was done after approximating the local boundary thickness of
the flow at the VG location. From the flat plate assumption in the Blasius solution, Eq. 10 was used to

estimate the boundary layer thickness for the turbulent Reynolds number flow.

S
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After estimating the local boundary layer thickness, the
height, length, and spacing of the vortex generators were

calculated using the optimized ratios listed in Table 4.4. The —
h=8.5

mm
—

VG dimensions are labelled in Figure 4.18.

4.1.6 Inlet FOD Tolerance Figure 4.18: Vortex Generator

The inlet needed to be designed with the risk of
foreign object damage taken into consideration. Birds,

ice, hail, or various forms of debris could get sucked

Figure 4.19: 3-D Printed Inlet Screen [23]  into the inlet and passed through the compressor,

resulting in severe damage that could potentially destroy the entire engine. It was considered to include
an inlet screen such as the additively manufactured screen (Figure 4.19) used on GE Aviation’s Catalyst
engine to prevent relatively large foreign objects from being ingested by the compressor.

However, due to the added manufacturing costs/complexity, weight, total pressure losses, and de-
icing complexity, it was decided to not include a screen with the inlet design. Since the SR-1000BDE is
part of a hybrid propulsion architecture, complete FOD prevention for the turboshaft generator is not
critical to the safety of the UAV. If an object is ingested, and the engine is destroyed, the electric motors
can still operate and produce the required thrust to the UAV, assuming the on-board battery has enough
power stored for landing.

Although an inlet screen was not included for the SR-1000BDE inlet design, the structural design of
the inlet includes damage tolerance in the event of a bird strike to the lip. For the structural analysis, it
was assumed the inlet lip is struck by a 0.12 kg Mourning dove [25] at cruise speed. According to the
FAA, the Mourning dove is the most common species of bird struck by civil aircraft in the United States

[24]. Such a bird strike has 778 J of kinetic energy at cruise velocity, corresponding to a point load of
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approximately 1.37 kN. To analyze the stresses induced from the impact, the inlet skin structure was
modelled as a tube with a point load applied to the tube edge perpendicular to its centerline. The point
load is assumed to be purely axial, making buckling the failure mode for this analysis. Therefore, Euler’s
critical load (shown in Eq. 11) was used to determine the maximum load the inlet could take without
buckling. In the equation, KL represents effective length of the inlet, I is the second moment of area of a
tube, and E is the elastic modulus of a Kevlar composite discussed in the next section.

m?EIl

p. == Eq. 11
cr (KL)Z q

Due to all the assumptions made for the structural analysis, a factor of safety of 10 was applied to
the point load representing the bird strike. It was found that the inlet skin could have a thickness of 1 mm

and achieve positive margins of safety with the bird strike scaled up by the safety factor of 10.

4.1.7 Inlet Materials and Structure

The inlet structure is designed to be lightweight, have relatively simple manufacturing, and capable
of meeting the FOD tolerances mentioned in the previous section. Material selection and structural design
was done under technical consultations with Dr. Mark Ewing [27] and Dr. Ronald Barrett [26]. The

materials selected for the inlet are listed in Table 4.5.

Table 4.5: Inlet Material Properties [28] [29] [30]
Tensile Strength /

Material D(el/lcsgy Compressive Attributes
g Strength
985 Epoxy Reinforced e Very .high specific strength
Kevlar 49 Fiber 135 | 427 MPa/214 MPa (5x higher than steel)
Laminate (50/50) e Excellent impact absorption
e Heat and fire resistant
e High compressive strength
High Density SF-0940 26.0 MPa / 41.4 *  Excellent acoustic
Polyimide Foam 0.596 MPa absorption
Y e Excellent heat and fire
resistance
. e Good specific strength
2024 T?;l?e l:tmmum 2.768 405 MPa e Relatively low cost and
simple manufacturing
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Table 4.5 provides density, strengths, and attributes for each of the three materials listed above.

Majority of the inlet structure is composed of a monocoque skin made of reinforced Kevlar laminate. The
lip takes on a semi-monocoque structure and is adhesively bonded onto the monocoque skin using a lap
joint between the two structures. The lip contains aerospace-grade polyimide foam and is sheathed by an
outer surface of 2024 T3 Aluminum plate. Figure 4.20 illustrates the structural layout of the inlet.

With the skin thickness determined by the structural analysis, volume estimates were calculated in
Siemens NX. Using the density data of each material, the inlet has an approximate mass of 1.48 kg (3.26
1bf).

Semi-monocoque lip

Outer Lip Skin (2024 Inner Lip Foam
-— de)

T3 AD ’—____f___-";_‘lg.—.d
N\

M )

—
Figure 4.20: Inlet Structural Layout

4.2 Compressor

This section describes the design process and design decisions made for the SR-1000BDE
compression system. It contains design choices, guidelines, assumptions, flow parameters, stage analysis,
three stream surface analysis, structural analysis, and material selection. The SR-1000BDE compressor
consists of a single axial stage followed by a single centrifugal stage. This decision was made to minimize
the length of the compressor, and it is seen in industry in the FJ33 and FJ44 jet engines [31]. The two

stages combine to have a pressure ratio of 9.83 as dictated by the optimized cycle.
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The shaft rotational speed for the design is 62000

RPM with an annulus inlet area of 0.0126 m” and an

exit area of 0.007 m?. The remaining compressor

cycle parameters can be seen in Table 4.6.

4.2.1

Compressor Inlet Conditions

The inlet total temperature, total pressure, and

Table 4.6: Compressor Cycle Parameters
Parameter Value

mass flow rate were supplied by the optimized cycle

using GasTurb for analysis [5]. The flow at the

compressor face was chosen to have an axial Mach

Total Pressure Ratio, 7. 9.83
Total Temperature Ratio, T, 2.08
Inlet Total Pressure, Py 83.4 kPa
Inlet Total Temperature, Ty 280K
Exit Total Pressure, Py, 820 kPa
Exit Total Temperature, T 580K
Polytropic Efficiency, e, 0.9
Shaft Rotational Speed, ® 62000 RPM
Isentropic Efficiency, n 0.865
Inlet Hub Radius, rp; 0.026 m
Inlet Tip Radius, rg 0.068 m
Exit Radius, r; 0.160 m
Exit Area, A, 0.007 m*

number of 0.5 and no swirl. The static temperature

and static pressure were both found using isentropic assumptions. Having these values allowed for the

calculation of the speed of sound, and the static density using the ideal gas law. The inlet flow parameters

Table 4.7: Compressor Inlet Flow
Parameters

can be

Parameter Measurement

Total Pressure, Py 83.4 kPa

Total Temperature, Ty 280K | sound,

Mass Flow Rate, 1.90 kg/s .
axial v

Axial Mach Number, M 0.5

Static Temperature, T 266 K

Static Pressure, P, 70.3 kPa

Speed of sound, a; 327 m/s

Static Density, p; 0.92 kg/m’ radius

found compiled in Table 4.7.

Using the design axial Mach number, and speed of

the axial velocity was found to be 164 m/s. The

elocity was then used to calculate the necessary

inlet annulus area using continuity. The tip radius at the

compressor entrance was found by choosing a hub to tip

ratio of 0.4. The decision for hub to tip radius

ratio will be explained in a later section. Having the tip radius then allowed for the calculation of hub

Table 4.8: Compressor Inlet Geometric Parameters

Parameter ‘ Measurement

Annulus Area, A; 0.013 m
Hub-to-Tip Radius Ratio, r-ni/ra 0.4
Tip Radius, rg 0.068 m
Hub Radius, rp; 0.026 m
Pitchline Radius, r-m 0.047 m

S
S Acrospace Engineering

radius using the hub to tip ratio, and the
pitchline radius through the averaging of the tip

and hub radii. The geometric characteristics of
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the compressor entrance can be found in Table 4.8.

4.2.2 Axial Compressor Design Guidelines

An analysis was done for the axial compressor stage, and the centrifugal compressor stage separately.
Following the flow path, the first of the two stages analyzed was the axial stage. Using guidelines from
Aircraft Propulsion [9], seen in Table 4.9, a set of initial design decisions for the axial stage were made.

As previously discussed, the flow entering the compressor was chosen to be swirl free at a Mach
number of 0.5. At this point, the decision to set the shaft rotational speed to 62000 RPM was made. This
decision was heavily influenced on optimizing the high-pressure turbine efficiency. With the chosen shaft
rotational speed, it was necessary to choose a hub to tip radius ratio to achieve a large but practical single
stage axial pressure ratio of less than 1.6 [32]. This resulted in the hub to tip radius ratio being chosen to
be the previously mentioned 0.4. Due to the axial stage being followed by a centrifugal stage, the stator
of the axial stage was chosen to remove only some of the swirl created by the rotor. The full effects of
this choice will be explained during the centrifugal compressor design section.

Table 4.9: Axial Compressor Parameters with Guidelines [9]

Parameter Range of Values Typical Value
Flow Coefficient, ¢ 0.3<9p=<0.9 0.6
D-Factor D=<0.6 0.45
Axial Mach number, Mz 0.3<Mz<0.6 0.55
Tip Tangential Mach number, My 1.0<M1<1.5 1.3
Degree of Reaction, ‘R 0.1<°R<0.9 0.5 (for M<1)
Reynold’s number based on chord 300,000<Re. >500,000
Tip relative Mach number Mipp=<1.7 1.3-1.5
Stage average solidity 1.0<06<2.0 1.4
Stage average aspect ratio 1.0<AR<4.0 <2.0
Polytropic efficiency 0.85<e:<0.92 0.9
Hub rotational speed orp<380 m/s 300 m/s
Tip rotational speed or~450-550 m/s 500 m/s
Loading Coefficient 0.2<y=<0.5 0.35
DCA blade (range) 0.8<M<1.2 Same
NACA-65 series (range) M<0.8 Same
De Haller Criterion 0.72<Wo/W- 0.75
Aspect ratio, compressor I<AR<4 ~2

=
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The axial rotor is chosen to have a degree of reaction of 0.7 to both maximize pressure ratio while
also maintaining a diffusion factor of less than 0.6. In terms of blade design, the decision was made to
have an aspect ratio of 2 and a pitchline solidity of 1.5. The solidity choice was based on wanting to
minimize the number of blades while keeping of a blade tip solidity of about 1, following modern practice
[32]. The aspect ratio was chosen following the typical value in the guidelines while also maintaining the
tip solidity of 1 as previously mentioned. The choice to have a constant hub radius was made to support
the transition from the axial compressor stage into the centrifugal compressor stage.

After setting the major design choices and assumptions, the axial stage analysis was done. The use
of a rotor followed by a stator allows for the use of velocity triangles as defined in Figure 4.21. Using the

definition sketch an in-depth design and analysis of the axial stage could be completed.

®

I

[7]

//

L o

u

Figure 4.21: Velocity Triangle Definition Sketch [9]

4.2.3 Compressor Pitchline Analysis

In a normal analysis, the compressor exit parameters would be the next step for calculations,
however, due to having a mixed axial and centrifugal compressor that will not work. Instead a design for
maximizing pressure ratio within a single axial stage was done, while sticking to the design choices listed
earlier. The calculations begin with a complete pitchline analysis before looking at the effects of three-

dimensional blade design.
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To start, it was assumed that axial velocity stays at the constant 164 m/s calculated earlier. Then,
using the shaft rotational speed and pitchline radius, the rotational velocity of the rotor was found. This
allowed for the relative flow velocity to be calculated by utilizing velocity triangles, and in turn the relative
Mach number. Due to assuming the flow entering swirl free, it is known that the absolute flow angle is
zero at the entrance. However, the relative flow angle is not zero and can be found by using trigonometry
with the now defined velocity triangle.

The flow characteristics after the rotor could then be analyzed. This began with the use of the
previously discussed design choice for degree of reaction. Using that design choice, along with the
rotational velocity, the rotor exit swirl velocity was found using Eq. 12. Using the now known swirl
velocity, Euler’s turbine equation can be used to calculate the total temperature after the rotor with Eq.
13.

Co2m = 2Up (1 —°R) Eq. 12
Teom = Tet (1 + M) Eq. 13
’ Cp T

The axial compressor pressure ratio was then found using temperature ratio, ratio of specific heats,
and polytrophic efficiency as shown in Eq. 14, and results in a pressure ratio of 1.59. This pressure ratio
is accepted as about maximum practical modern practice [32]. Using the found pressure ratio, the total
pressure after the rotor is found. This then allowed for a repeat of the process used to find all the
compressor entrance parameters. The flow exits the rotor with swirl, which means the velocity triangle

can be used to find the absolute and relative flow angles.

T, = ‘[CV—l Eq 14

As mentioned earlier, the choice was made to remove only some of the swirl produced by the rotor
to help the centrifugal stage. This leads to needing a set of stators after the rotor to turn the flow. Due to
stators being stationary, and only used for turning flow, the total temperature and total pressure do not
change across the blades. Due to still having swirl, velocity triangles were used once again to find the

absolute and relative flow characteristics. Using Euler’s turbine equation again, the static temperature
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after the stator is found, and in turn the speed of sound. The process continues in the same way as described
earlier to get the static pressure, static density, and area after the stator.

The diffusion factor and blade loading were then checked to ensure they fall within the appropriate
ranges. The diffusion factor is calculated using Eq. 15 for the rotor. The expected values must be less than
0.6 to avoid flow separation. To find the blade loading coefficient a relationship between swirl before and

after the rotor is found as shown in Eq. 16.

w, Co2
D, =1—-————— Eq. 15
r W, 20w, q
Coz Cor
= —=—-— Eq. 16
Y v, U, q

Using the design choice for the aspect ratio allowed for the estimation of how many blades will be
needed for the rotor and stator. Using the already calculated radii to find the blade height and chosen
aspect ratio the blade chord is found. A choice was made at this point to set the rotor and stator chords
equal for simplicity. By rounding up the result of Eq. 17, the number of rotor blades is found. The number
of stator blades is one less than twice the number of rotor blades. The larger number of stator blades is to
help more effectively turn the flow. The choice to use one less than twice the number of rotor blades is

made to reduce noise.

2MO, T,
Ng = +’"1 Eq. 17
T

Using the blade chord lengths, the length of the axial portion of the compressor was then found.
This was done through the averaging of flow angles and basic geometry. The spacing between the rotor
and the stage was estimated as being one quarter of the average between the rotor and stator axial lengths.
All that now remains to be calculated is how much power the axial compressor stage is going to require.
This was done using another variation of Euler’s turbine equation as shown in Eq. 18.

$ = wm(CozTmz — Co17m1) Eq. 18

4.2.4 Three Stream Surface Analysis

A further analysis was then done in the form of a three-stream surface analysis to ensure necessary

parameters are met. To perform three-dimensional blade design, a blade vortex design must be chosen to
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help define how the flow will behave at the hub and tip of each blade. The chosen design type is a free-
vortex design. This design is defined has having an equivalence between absolute swirl velocity and one
over the streamline radius as seen in Eq. 19.

rCy = constant Eq. 19
The analysis for the hub and tip stream-lines were done in the same way as pitchline with the only

difference being the free-vortex design defined swirl velocity instead of degree of reaction. With the
additional analysis done, the velocity triangles were generated to better visual the flow behavior through

the compressor. The triangles can be seen in Figure 4.22.

Hub B, Un

Pitch line /% B1

Tip

N

Figure 4.22: Three Stream Surface Velocity Triangles
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4.2.5 Axial Compressor Blade Design 70

u
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Figure 4.23: NACA-65 Series Cascade Data [10]
in Reference 9 seen in Figure 4.23.

4.2.6 Axial Compressor Parameters

Data from the axial compressor analysis is compiled into a table of relevant parameters. This table
can be seen in Table 4.10. Also, a preliminary conceptual CAD model of the axial compressor stage was

created as seen in Figure 4.24.
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Table 4.10: Axial Compressor Stage Parameters

Rotor ‘ Stator
Parameter Hub Pitchline | Tip Hub Pitchline | Tip
U (m/s) 169 307 444 0 0 0
r (m) 0.026 0.047 0.068 0.026 0.039 0.052
ru/re (~) ~ 0.38 ~ ~ 0.50 ~
C, (m/s) 164 164 164 164 164 164
M (~) 0.500 0.500 0.500 0.964 0.702 0.599
Mir (~) 0.719 1.062 1.448 0.587 0.583 0.971
M; (~) 0.964 0.702 0.599 0.569 0.669 0.821
Mz, (~) 0.587 0.583 0.971 0.466 0.465 0.471
Mr (~) 0.52 0.94 1.36 0 0 0
Te (K) 326 336 341 326 336 341
Py (kPa) 148 148 148 148 148 148
o (deg) 0 0 0 59 48 40
02 (deg) 59 48 40 35 46 55
B1 (deg) 46 62 70 33 37 62
B2 (deg) 33 37 62 0 0 0
‘R(~) 0.18 0.70 0.84 ~ ~ ~
c(~) 2.73 1.50 1.04 5.32 3.56 2.67
D-Factor (~) | 0.38 0.59 0.41 0.55 0.42 0.31
o~ 0.97 0.53 0.37 ~ ~ ~
v (~) 1.63 0.60 0.31 ~ ~ ~
¢ (m) 0.0212 0.0212 0.0212 | 0.0212 | 0.0212 0.0212
¢, (m) 0.0162 0.0129 0.0085 | 0.0162 | 0.0129 0.0085
s (m) 0.0078 0.0141 0.0205 | 0.0040 | 0.0060 0.0079
Nblades (~) ~ 21 ~ ~ 41 ~

ﬁ Aerospace Engineering

Figure 4.24: Axial Compressor Conceptual 3-View
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4.2.7 Centrifugal Compressor Design

The flow entering the centrifugal compressor is chosen to be swirl induced from that axial stage. This
decision was made to minimize the power required to achieve a high pressure ratio. Having swirl in the
flow from the axial stage also allows for the use of an inducer less centrifugal compressor. This reduces
manufacturing complexity as well as reducing weight.

The impeller tip tangential Mach number was chosen to be 1.55. This decision was made to help
achieve the high pressure ratio required for a two-stage compressor needing to produce a pressure ratio of
9.83. To also help meet the required pressure ratio, the

final two design choices were having an impeller exit

relative flow angle of 30 degrees.

The centrifugal stage of the compressor consists
of an impeller followed by a vane diffuser. The choice
of a constant hub radius allows for a smooth transition
between the axial and radial compression stages. The
vane diffuser is chosen to remove all swirl from the

flow while also slowing down the flow to Mach 0.2.

A basic velocity triangle definition sketch can be seen

Figure 4.25: Impeller Exit Velocity Triangle

in Figure 4.25. o
Definition Sketch [9]

4.2.8 Centrifugal Compressor Stage Analysis

The start of the stage analysis is setting the impeller entrance flow parameters equal to the stator exit
flow parameters. This allowed for a quick geometric calculation of the eye radius for the impeller. Then,
based on the design choice of 1.55 for tip tangential Mach number for the centrifugal stage, the impeller
tip rotational velocity was found. Using the same relationship between shaft rotational speed, rotational

velocity, and radius as earlier allowed for the solving of the impeller exit radius.

_—
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To find the exit flow parameters, the total temperature was calculated using Euler’s turbine equation
in the same way as after the rotor. Enough information was then known to use Eq. 20 to find the impeller
pressure ratio. Using that, the total temperature after the impeller was found. Basic velocity triangles were
utilized with the design choice of back sweep angle and slip angle, to find all the relevant velocities. This
resulted in the calculation of static temperature, speed of sound, static pressure, and static density at the
impeller exit. With all the previous calculations done, the impeller exit area is now solved for using
continuity which in turn gives the blade height at the end of the impeller.

e
me = [1+7nc(ze = DIFT Eq. 20

The power required for the centrifugal compressor was found using Euler’s turbine equation in the
same way the axial compressor required power was found. It was then necessary to find the number of
blades required for the impeller design. This was done by first calculating the slip factor using the flow
characteristics described in the velocity triangles. At the same time the blade loading coefficient was also
calculated using basic velocity triangle characteristics. The number of blades was chosen to be 23 to
achieve a slip factor of over 0.9, using the Stanitz-Ellis model seen in Eq. 21, while maintaining a low

blade count to help minimize cost.

1.98

N blades
Using basic thermodynamic relationships, the static pressures, static temperature, and static density

e=1- Eq. 21

were found at the diffuser exit. Continuity then is used to find the area at the end of the diffuser required
to achieve the chosen exit velocity stated earlier. The velocity triangles created during the analysis can be

seen in Figure 4.26.
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Figure 4.26: Centrifugal Compressor Velocity Triangles

4.2.9 Centrifugal Compressor Parameters

The flow parameters at each station of the centrifugal compressor can be seen in Table 4.11.
Following the table, a preliminary conceptual CAD model of the centrifugal compressor can be seen in
Figure 4.27 as a three view.

Table 4.11: Centrifugal Compressor Parameters

Parameter  Station 1  Station 2 Station 3

U (m/s) 545 545 0

r (m) 0.052 0.084 0.160
C. (m/s) 0 164 86
C, (m/s) 164 0 0
M (~) 0.46 1.11 0.20
Mr (~) 0.97 1.55 0
T (K) 336 581 581
P, (kPa) 148 823 823
a (deg) 46 70 0

B (deg) 0 30 0
£(~) ~ 0.912 ~
v (~) ~ 0.924 ~

b (m) 0.026 0.007 0.004
Nbiades (~) ~ 23 45

S
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Figure 4.27: Centrifugal Compressor Conceptual 3-View

4.2.10 Stall Margin Estimation

This was estimated using a method developed by Koch where the weighted diffusion length to
staggered spacing ratio is compared to the effective pressure rise coefficient to estimate stall margin. To
start the process of finding stall margin, Eq. 22 and Eq. 23 were used to find the diffusion length to
staggered spacing ratio for the rotor and the stator. The weight diffusion length to staggered spacing ratio

was then calculated with Eq. 24.

= Bi = Biv1 Eq. 22
<£)=a % *Al Ly hu Eq. 23
9> sin (% A;  hi_ycos(By) '
(3 (&)
(i) 9 Rotor 92/ stator i Eq. 24
92/ stage q1+q

The next step was to calculate the stalling pressure rise coefficient using Eq. 25. However, the value
needed was the effective stalling pressure rise coefficient. To get this value, a correction factor must be
used from the graph shown in Figure 4.28. The correction factor is based on the Reynold’s number across

the blade chord length. Based on the chord length resulting from the chosen aspect ratio, a Reynolds
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number of about 400,000 was achieved. Due to this, it is known that the correction factor is approximately

1.03. This resulted in the effective stalling pressure rise coefficient being calculated using Eq. 26.

G |
pl

cpTh
Eq. 25
C, =
" Wim® + C°
2
Ch,ep = 1.02C W+ G Eq. 26
heff - h le + FefCZZ q.
With the two necessary values
1.05 - -
calculated, the stall margin was estimated 35:;;“,;;
o N 1.00 : }ﬁ v
for the pitchline of the compressor. This is V/ 9 Fle = 130,000
0.95 5. =8
done using the graph seen in Figure 4.28. / To

2l

|
6 810

The stall margin was estimated to be 30%

4

& 1
4

o
&

and found acceptable for preliminary

Normalized stalling static-pressure-rise
coefficient, Cy/(C;, at Re = 130,000)
o <
8
>

o'800.1 %02 0.4 06081 2

Reynolds number x 1075, Re
Figure 4.28: Adjustment Factor Based on Reynolds Number [9]

design. A goal of reducing it to a 15%
stall margin will be set for

advanced design.
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Figure 4.29: Stall Margin Chart [33]
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4.2.11 Compressor Material Selection and Stress Analysis

To start the process of choosing a material a stress to density ratio had to be found. This was done

using Eq. 27. Once that ratio was found for the rotor and impeller, Figure 4.30 was used to help determine

what type of material would be best given a combination of the found ratio and max operating temperature.
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Figure 4.30: Allowable Stress vs. Temperature [9]

Material

Aluminum alloy
Titanium alloy

Wrought nickel alloy
High-strength nickel alloy
Single-crystal superalioy

» &+ o N

Eq. 27

From the graph, it was decided that a titanium alloy would be the best starting place for both the rotor

and the impeller. When considering titanium alloys, it was decided to use titanium aluminide. This choice

was based on the low relative density, high strength, high

stiffness, and excellent oxidation resistance [34]. To ensure

the material selection will not fail, the margins of safety were

calculated. The results of the stress analysis are shown in

Table 4.12.

=
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Table 4.12: Stress Analysis
Results

Parameter Axial Centrifugal

o (MPa)

221

382

Margin of
Safety

34

1.6
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4.2.12 Three-View of the Compressor

Figure 4.31: 3-View of the Compressor

4.3 Recuperator

4.3.1 Recuperator Design Philosophy

Following a fundamental thermodynamic design process laid out in Carozza [35] and sizing
parameters from Vick and McDonald [36-38], the recuperator for the SR-1000BDE was designed. The
SR-1000BDE engine is concentrated on being light weight and fuel efficient as shown from the major
design drivers for the engine set forth by the AIAA RFP [1]:

e FEIS 0f 2025
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e Fuel savings of 25% to reach a 20+ hour loiter
e Required low acquisition cost for the designed engine
The SR-1000BDE recuperator could have various configurations, and to remain competitive for the
service date of 2025, an annular recuperator matrix was chosen over a conical or classical elliptical tube
matrix (shown in Figure 4.32). The recuperator will provide a temperature increase from the compressor

Hot-gas outlet exit to the combustor inlet to

(to exhaust nozzle)

decrease fuel usage at the
Cold-air inlet
(from compressor outlet)
——————————————————————————— exhaust gas temperatures. The

expense of lowering the

Cold-air outlet
(to combustor inlet)

designed recuperator uses a

"""""""""""""" state-of-the-art ceramic matrix

__________________________________ to allow for a high heat transfer

1
Hot-gas inlet ! ' L
(from low-pressure turbine) | rate while maintaining  a

1

Figure 4.32: 4/3/4 elliptical tube MTU-heat exchanger matrix [39] Tesistance to the thermal

stresses developed in the hot exhaust gases. Using Figure 4.33, from Reference 36, the chosen pressure
ratio and the recuperated design allows for a theoretical thermal efficiency of 40%. This estimate is
verified by the estimated thermal efficiency of the design at 41.7%, a vast improvement over the baseline’s
thermal efficiency of 25%. A recuperator’s ability to regain thermal energy allows the engine to run at a
lower overall cycle pressure ratio [35]. This design choice lowers the stresses encountered by the

compressor and effectively shortens the length of the compressor.
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4.3.2 Recuperator Thermodynamic Design Large Intercooled

Aerodenivative
Gas Turbine fo_r
The recuperator of the SR-1000BDE is Intercooled and Power Generation
46 = Recuperated
. . Aeroderivative
designed to facilitate heat transfer between the 45 Gas Turbine for
Marine Propulsion
. . 4“4 -
exhaust gases and the compressed air with ICR
$£Ee
minimal heat and pressure losses. A recuperator 5 4 |
=)
£ 4
is characterized by the effectiveness of the heat T ™ [*
= Recuperated SIMPLE-CYCLE REGIME
E o4l
transfer rate between the exhaust gases and the = -
5 T {ndustrial E'ng".ﬂf:g-
interim “cold” compressed air between the £ 38f
7t
compressor and the combustor. The temperatures
36 =
for the compressor exit and power turbine exit 35
. . . 14 1 l 1 | 1
have previously been calculated in Sections 4.2 0 0 20 ETH 10 S0

COMPRESSOR PRESSURE RATIO
and 4.5, respectively, and are presented with Figure 4.33: Comparative performance of power
generation gas turbine variants [36]
other stage properties in Table 4.13. These form the thermodynamic base for the capability of the

recuperator and simplify analysis by providing a basis to begin calculations.

Table 4.13: Initial values for the recuperator thermodynamic design

Name Symbol Value

Compressor Exit Massflow Rate M 1.89 kg/s
Power Turbine Exit Massflow Rate Mpi 1.92 kg/s
Compressor Exit Ratio of Specific Heats Cpe,i 1004 J/kg-K
Power Turbine Exit Ratio of Specific Heats | c,,; | 1100 J/kg-K
Compressor Exit Total Temperature Teci 580K
Power Turbine Exit Total Temperature Ten i 820 K

The defining characteristic of a recuperator, or any general heat exchanger, is the effectiveness. The
recuperator heat transfer effectiveness is defined by the ratio between the actual heat transfer rate and the
theoretical maximum. The definition of recuperator effectiveness is shown in Eq. 28.

Qr _ mccp,c (th,o - th,i) Eq. 28
Qr,max mhcp,h(Tth,i - th,i)

€r =
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By quantifying a value for recuperator effectiveness, the combustor inlet temperature can be
determined. To find the 2025 design goal for recuperator effectiveness, several values found from industry
and literature were plotted against time to extrapolate to the service date for the SR-1000BDE (Figure
4.34). As the trend is plateauing near 100%, a challenge was presented to attain as high an effectiveness
as to lie within this trend. A recuperator effectiveness of 95% was chosen as the last known effectiveness
of 92% can be achieved with a modest 3% increase to account for a 10-year gap where technology can

advance.

100%
95% o
90% °
85% )
80%

1)

;(5)0;: ° e Past Effectiveness
65% °
60% | ®
55% °
50%

1965 1975 1985 1995 2005 2015 2025
Year

Recuperator
Effectiveness

© Design Point

Figure 4.34: Recuperator effectiveness over time [36,37,40]

Using Eq. 28 and the chosen recuperator effectiveness, the resulting combustor entrance total
temperature was calculated at 829 K. The resulting temperature of the turbine exhaust after the recuperator
was then calculated using a simple energy balance across the recuperator [Eq. 29].

€Qc = —0Qp — Ermccp,c(th,o - th,i) = _mhcp,h(Tth,o - Tth,i) = Tino = 584K Eq. 29

Lastly, total pressure loss due to heat transfer needed to be considered. By treating the recuperator
as a constant area duct and assuming zero friction, Rayleigh flow is assumed, and the associated theory
was used to quantify the total pressure loss caused by heating. With a compressed stream temperature
increase, the Mach number increases from 0.2 to 0.24 and induced a total pressure loss of 1.4%. While

this decrease tightens the margin for pressure recovery in the combustor, the pressure loss and flow

=
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acceleration during preheating are deemed acceptable because of the dramatic reduction in fuel burn
required to reach the designed combustor exit temperature. Fuel flow would need to increase by 72% to
accomplish the same temperature rise without a recuperator. The fuel savings are the primary reason the

SR1000-BDE meets and exceeds the 20-hour loiter required by the RFP [1].

4.3.3  Recuperator Sizing and Configuration

To properly size the recuperator, the logarithmic mean temperature difference method was used [35].
Eq. 30 provides the general heat transfer rate in a recuperator where ATy, is the log-mean temperature
(Eq. 31), V is the recuperator volume, £ is the area density of the recuperator and U is the heat transfer
coefficient. The temperature changes for the hot and cold side of the recuperator used in Eq. 31 represent

the difference between the exit and inlet temperatures for each respective section of the recuperator.

Q = AT, ,UBV = —472.5 kW Eq. 30
(AT}, — AT,)
ATy, = Thc — AT}, = 9.66 K Eq. 31
In
127, |

Before solving for the matrix volume, the area density of the matrix and the heat transfer coefficient
needed to be determined. Past area densities of a recuperator matrix have been estimated at 6,600 m? /m3,
specifically for ceramic matrices (the choice of which is talked about in following sections) [41,42].
Assuming a technological increase in area density of ceramic recuperator’s, the value used for the
designed engine was 8,000 m? /m3. By using state-of-the-art mullite ceramics as the matrix material, the
overall heat transfer coefficient for the recuperator was adjusted to 400 W /m?K to accommodate for
future advances [43]. Using these values, summarized in Table 4.14, a matrix volume of 0.013 m? was

found.

Table 4.14: Values used for matrix volume estimation
Q -472.5 kW Eq. 30

AT, 9.66 K , [35]
U 400 W/m’K [45]
B 8,000 m*m’ | [43,44]
|4 0.013 m? Eq. 30
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With the volume of the recuperator calculated, the
matrix material needed a configuration to fit within the
designed engine. Most historical metal recuperators use a
shell and tube heat exchanger, which would be too large
for this application, or a “block” plate recuperator that
does not integrate well with the design of a gas turbine
engine. Using Reference 36 and several modern

recuperated engines, a radial design was chosen for the

recuperator (Figure 4.36). This allows for several
o ) ) Figure 4.36: Radial recuperator [36]
individual sections to be configured radially around the

engine for easy inspection and replacement. Each section of the radial recuperator consist of several
hundred wafers: channel wafers and base wafers. Base wafers are exposed to the exhaust gases, allowing
heat transfer, while the microchannel wafers [44] are placed between base wafers to allow for the

compressed air to be guided from the inlet to the exit of the recuperator. Using basic design philosophy

from Reference 36, the recuperator (Figure 4.35) was representatively modeled.

.10

177>
Figure 4.35: Designed recuperator dimensions (not to scale)
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4.3.4 Matrix Material Selection

Following References 35 and 45, the chosen material for the recuperator was mullite ceramic due to
high temperature corrosion resistance, high thermal conductivity, durability and strength [36]. The
specific design to be used is a ceramic microchannel recuperator fabricated using laminate laser-cut tape
cast sheets [45]. Using data from 2005, the mullite and silicon carbon ceramics have a maximum stress
and strength of 512 MPa and 745 MPa, respectively. Capable of achieving 92% effectiveness, Wilson et.
al. [45] could achieve minimal pressure losses while producing turbine exit temperatures of 1170°C, well
above the designed value for the SR-1000BDE. Ceramic was chosen over typical metal recuperators as

the latter tends to introduce problems of creep and fatigue, which ceramic matrices has the structural

advantage. A sample ceramic recuperator printed using laminate laser-cut tape is shown in Figure 4.37.

'%"'(” “",”.“\“M

Figure 4.37: Sample mullite ceramic recuperator [36]

>
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4.3.5 Isometric View of the Recuperator

Figure 4.38: Isometric View of the Recuperator

4.4 Combustor

This Section will outline the design of the combustor for the SR-1000BDE. The burner must operate

with high thermal efficiency and total pressure recovery to Table 4.15: Major combustor cycle

parameters
meet the endurance goal stated in the RFP [1]. Table 4.15 Loiter (Design Point) |

1p (%) 99.9
presents the exact targets for efficiency and pressure recovery 1ty (%) 96.9
Tpq (K) 1205

that are based on Reference 8 for 2025 EIS [8].

4.4.1 Combustor Architecture

There are three main classes of burner architecture: can, can-annular, and annular. Present-day can
combustors are used primarily for industrial applications. Can and can-annular combustors, as found on
many early jet engines, were quickly ruled out for their excess weight and length. All modern aircraft gas
turbines employ annular burners which boast lower weight and better pressure recovery than can or can-
annular burners. Turbofans and turbojets generally use straight-throughflow annular combustors while
turboprop and turboshaft engines tend to use reverse-flow annular combustors [46]. The baseline engine,

the TPE331-10, uses a reverse-flow architecture. The main benefit of the reverse-flow burner is a
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reduction in engine weight and shaft length. Weight decreases because the shorter shaft has lower bending
moments and requires fewer bearings. Shorter length enables closer coupling between the turbine and
compressor. This is favorable for the high shaft speeds in this engine [46]. In keeping with industry
practice for engines of its size, a reverse-flow burner was chosen for the SR-1000BDE.

The configuration of the SR-1000BDE burner is shown in Figure 4.39. The liner is shown as red
while the casing is shown as silver. Air is turned by 180° through the recuperator and this heated air enters

through station 35 from the

recuperator exit. Table 4.16 gives a

description of each station number.

Table 4.16: Station descriptions

Compressor Discharge
Heat Exchanger Exit
Diffuser Exit
Primary Zone
Secondary Zone
Dilution Zone
Turbine Inlet

Figure 4.39: Configuration cutaway

4.4.2 Fuel Choice

While many alternative fuels are currently in development, this engine will employ Jet A-1 [46]. As
the most popular jet fuel in the world, there is an established infrastructure for it at most airports [47].
This ability to launch from nearly any airport will permit greater on-target loiter. The slightly lower
freezing point of Jet A-1 gives it an edge over Jet A. Greater flexibility in operating environment is

permitted by the lower freezing point.
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4.4.3 Combustor Efficiency

Thermal efficiency was estimated using primary zone equivalence ratio and Lefebvre’s 8-parameter.
The @-parameter is defined by the equation in Figure 4.40 [9]. The b term is calculated using Eq. 32,

where ¢ is the equivalence ratio of the primary zone.

b=v2 (1 + abs (ln (i)» Eq. 32

1.03
100 e
/"/ fT
o 05 / // / / // ;
a
2 90 b=540 50400 /350 /300 200 - -
5 Y p = combustor inlet pressure, psi
E Ay = combustor reference area, in?
2 85 / h = height of combustor, in
8 / { e =2718
4 t = combustor inlet temperature, °R
‘g b = function of fuel/air ratio where
8 80 / 540 is the optimum value
/ / / / W. = combustor inlet airflow, Ib/s
0.1 0.2 0.5 1 2 345 10 20 30 405060
175 A hetl'b
P T

Figure 4.40: Correlation of 8-parameter to combustion efficiency [9]

It is clear from Figure 4.40 that a higher value of 8 corresponds to higher efficiency. Inlet pressure,
temperature, and mass flow were dictated by the overall thermodynamic cycle and were not considered
variable for achieving the target efficiency. Burner size and primary zone equivalence ratio were the only
design variables that could be altered to achieve favorable magnitude in 8 and . While a higher 5 will
decrease the required 8 for a given efficiency, the increase in b will decrease 8. A primary zone
equivalence ratio of 0.71 was found to yield a good magnitude of b with manageable impact on 6. This is
within the flammability limits presented in Figure 4.41 for kerosene type fuels in a quiescent environment

at sea level. The increased pressure and temperature found in this burner will widen the flammability
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limits from that sea level atmospheric condition. With adequate flameholding in the primary zone assured
(Section 4.4.8), 0.71 was deemed a stable primary zone equivalence ratio for this design.

With ¢p, fixed, liner height

10 -
. . L Saturation
and casing area were driven up to L o line
achieve  the  target thermal 4 / Rich flammability limit
efficiency. The ratio of liner to 2 2
(0
= Flammable Flammable
casing height is a fixed ratio chosen 3 mists vapor Spontaneous
§51.0 ignition
to minimize mixing pressure loss. .g 61
o
L
Section 4.4.8 will detail the 4+ I Lean
selection of this ratio. Here, the 2 i
i Flash point
important point is that liner height is 1 | :‘5 : 1 I
0 50 100 150 200 250

not a free variable. Only casing area
Temperature (°C)

Figure 4.41: Flammability limits for kerosene type fuel [9]

Table 4.17: Values for
calculating efficiency.

can be changed to achieve the required magnitude of 6. Table 4.17 gives
the final values used to achieve 99.9% design point thermal efficiency.

Casing area was chosen as the minimum required to reach the efficiency

objective. Greater casing area means that the pre-diffuser must have a

larger area ratio. This carries losses in total pressure that must be mitigated in the diffuser design.

4.4.4 Diffuser Configuration Selection and Design

To alleviate total pressure losses in the burner, air exiting the recuperator must be decelerated. The
design objective for the diffuser is to minimize total pressure loss while decelerating air from the
compressor by roughly 80% [46]. Total pressure loss in the diffuser arises from two different mechanisms:
frictional losses and separation losses. The first diffuser considered was the dump diffuser, as pictured in

Figure 4.42. This diffuser minimizes frictional losses at the expense of significant separation losses. Next,
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a diffuser with splitter vanes was considered. This design reduces separation losses with its shallow wall
angle but incurs frictional losses due to thick boundary layers [8]. Finally, a hybrid diffuser was
considered. This architecture uses a bound vortex to prevent separation upstream of a wide-angle diffuser
— seen in Figure 4.42. This bound vortex requires bleed air, such as that used for turbine cooling. It is the
highest-risk of the three configurations [48].

An area ratio of 5.15 is required to reach the casing area stipulated by the #-parameter. This

decelerates the incoming flow by roughly 80% to a Mach number of 0.04, in keeping with Lefebvre’s

i BLEED} AIR
plitter
TURBULENT SHEAR
vanes [ Laren
>
Prediffuser R e
]! g
- r—"“'—'_'_—f SuPPLY —_—
I = D T E= *
A \ T .
—-\__"——-u—
“_K_‘“———‘ e—
\ S
& .
VORTEX CONTROLLED 7 \ OE AgiGiiD
DIFFUSER COMENTIONAL DIFFUSER

Figure 4.42: Definition sketch for dump diffuser (left) [45], wide angle diffuser with splitter vanes
(center) [45], and hybrid diffuser (right) [47]

recommendation. Hybrid diffusers have not seen use at area ratios this high [46,49]. Additionally, with

uncooled turbine nozzles, there is no use for the bleed air required in a hybrid diffuser. That architecture

was determined to be too high risk and poorly suited for this application. For a diffuser with two splitter

vanes separating three passages of 9-degree divergence angle [8], a length of 9.7 cm is required. This is

greater than the preliminary estimates of overall combustor length so that architecture was ruled out. The

dump diffuser offers short length and simplicity, however, the pressure loss of 3.5% is greater than the

total burner pressure drop allocation. Table 4.18: Diffuser exit
. ) ) flow characteristics
Following recommendations from Reference 8, a compromise 771
0.004
was reached by combining a three-stream flat wall diffuser with a 020
dump diffuser. For this design, a split three-stream diffuser with area Obogiz

ratio of 2.0 feeds into a dump diffuser with area ratio of 2.6. Such a

N
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division of area ratios was found to give a good balance of pressure recovery and overall diffuser length.
Maximally thick boundary layers are assumed at the exit of the recuperator. Following Eq. 33 from
Reference 8, where B, is the thickness of the turbulent boundary layer at the diffuser inlet, efficiency in
the three-stream diffuser was found to be 64%. Total diffusion efficiency was then calculated using dump
diffuser area ratio, flat wall diffuser efficiency, and flat wall area ratio. Pressure recovery was then
calculated directly from diffusion efficiency. The combined diffuser configuration reduces the pressure
loss to 1.4%, compared to 3.5% for the pure dump diffuser. Table 4.18 gives the state of flow exiting the
diffuser in greater detail.

Npee = 0.965 — 2.72B;
0.01 < B, <0.12
Flow exiting the dump diffuser must be given adequate distance to reattach on the casing wall. This

Eq. 33

is the assumption used in calculating pressure recovery.
If flow does not reattach, pressure losses will be
extreme, and the diffuser could stall. This distance for
reattachment is called the dump gap, Dy, shown in
Figure 4.43. It is given as a ratio of split diffuser exit

height, Hy. This design uses a dump gap equal to 1.2

times Hm, following References 50, 51, and 52. e |
Figure 4.43: Dump gap term definitions

4.4.5 Emissions

With global energy consumption constantly increasing, it is important that toxic emissions are
mitigated as much as possible. Engine exhaust is composed mainly of carbon monoxide (CO), carbon
dioxide (CO,), water vapor (H,O), particulate matter, unburned hydrocarbons (UHC), oxides of nitrogen
(NOxy), and excess atmospheric oxygen and nitrogen. Of these, CO, UHC, and NOxy are toxic to humans
and are of great relevance to combustor design. UHC and NOxy also contribute to photochemical smog and

acid rain [46]. These pollutants are regulated in the United States by the Environmental Protection Agency
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(EPA) and internationally by the International Civil Aviation Organization (ICAO). Both agencies
regulate aviation gas turbine engines with thrust greater than 26.7 kN [53]. This engine does not meet that
criteria for regulation. Nonetheless, the impact of design choices on emissions will briefly be discussed.

The rates of formation for CO, UHC, and NOy are strong functions of temperature. NOx emissions
increase with temperature, forming appreciably at temperatures above about 1800 K [9]. Meanwhile, CO
and UHC emissions decrease with increasing temperature.

UHC production is related to

the problem of injector fouling in small 140

combustors [46]. Production of UHC E 120 |-
o

and CO is a strong function of % bl B

combustor inlet temperature. Figure E °r
z

4.44 from Henderson and Blazowski % “r

shows how both CO and UHC decrease % “I

sharply with increasing inlet “T

osoo

temperature [54]. The recuperator offers

COMBUSTOR INLET TEMPERATURE (°K)

great benefit to this by increasing the Figure 4.44: Relationship of CO and UHC production
to combustor inlet temperature [54]
inlet temperature significantly.

GasTurb cycle analysis provided a NOx severity index, Syo,., of 0.439. This was used to calculate
the emission index, in grams of NOy per kg of fuel, using Eq. 34 [5]. Plugging this emission index into
Eq. 35 gives that this engine emits 1.78 g/kN of shaft power [46]. This undercuts the requirements of both

ICAO and the EPA for engines with 26.7 kN of power.

issi _9 . Eq. 34
Emission Index (kN fuel) ~ 32 X Syo,
. 9N _ . g kg fuel) . Eq. 35
Emission (kN) = Emission Index (kN fuel) X ( N X Time (hr)

7
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zone temperature, T,

represents the maximum temperature
reached during combustion. NOyx and CO
emissions are also functions of this
temperature. Figure 4.46 from Reference 8§,
shows that there is a range where both NOx
and CO are near a minimum. Following
recommendations from Reference 8, a
primary zone temperature of 1780 K was
chosen. This temperature corresponds with
the primary zone equivalence ratio of 0.71,

stated earlier in Section 4.4.3. Because the
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Figure 4.46: Temperature dependence of regulated

pollutants [8]

equivalence ratio never reaches stoichiometric, where temperature is maximized, NOx production is

mitigated. This can be seen qualitatively in Figure 4.45 where

maximum NOy production occurs

conditions.

near

stoichiometric

4.4.6 Advanced Liner Material and Cooling

A primary objective for the combustor of a gas generator

Lean Rich
NO,

production

Equivalence ratio
Figure 4.45: NOx production as a
function of equivalence ratio [9]

is to provide a uniform temperature profile at the turbine inlet. Recent advances in high temperature

materials have enabled modern combustors to operate at higher temperatures with lower cooling. When

less air is required for cooling of the liner, more air can be used for dilution. An increase in dilution air

has a favorable impact on turbine inlet temperature uniformity. Traditionally, the best high temperature

materials for the liner were nickel superalloys. Ceramic Matrix Composites, or CMCs, have recently been

=
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introduced to gas turbine combustor liners on the GEnX and GE9X to enable combustor temperatures up
to 1590 K (2400 °F) [55].

The SiC/SiC composite overcomes the embrittlement problems of monolithic SiC composites by
using small SiC fibers in the matrix. This provides ductility and damage tolerance comparable to nickel
superalloys [56]. Silicon based composites encounter problems with accelerated oxidation in the high-
steam environment of the combustor. The water vapor in the air oxidizes the silicon fibers and gradually
vaporizes the interior of the liner. This can be prevented with an Environmental Barrier Coating (EBC).
An EBC provides a layer of nonreactive material to protect the underlying CMC from oxidation and
volatilization. As part of the Department of Energy’s Ceramic Stationary Gas Turbine program in 1996,
a CMC combustor liner with an EBC was tested for over 15,000 hours of continuous operation at a
temperature of 1480 K [57]. While this result was for a stationary gas turbine, this 15,000-hour lifespan
was assumed as a reasonable estimate for this CMC combustor liner for EIS of 2025.

The impact of the CMC combustor liner on cooling is quantified with maximum wall temperature,
Tm. While capability up to 1590 K is claimed, the max wall temperature is kept at 1480 K to enable longer
life [55, 57]. Cooling air mass fraction is estimated using the cooling effectiveness parameter, @, as
defined in Eq. 36 from Reference 48. Based on the cooling method selected, this parameter can be used
to find m,. Using an industry standard, film with convection cooling, the cooling effectiveness parameter
0f 0.32 gives a 3% mass fraction of cooling air from Figure 4.47. Significant air can therefore be used for
dilution and achieving a uniform temperature profile at the turbine inlet.

Ty — T Eq. 36

W
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Figure 4.47: Correlation of cooling effectiveness to mass flow fraction [9]

4.4.7 Air Partitioning

Methods for air partitioning between the primary zone, secondary zone, and dilution zone come from

Reference 8. A schematic showing the division of air throughout the combustor is shown in Figure 4.48

[58]. Partitioning was driven primarily by combustion efficiency. Primary zone equivalence ratio was set

to 0.71 to achieve a satisfactory value of the reaction rate parameter b used in estimating efficiency. This

equivalence ratio sets the mass flow to the primary zone. Based on the assumption that combustion is

complete at the end of the secondary zone, flow partitioning to the secondary and dilution zones is

straightforward. Table 4.19 describes the air partitioning of this combustor.

Fuel

Tooling air Dilution air

>
Combustion zone
>

Figure 4.48: Air partitioning definition sketch [58]
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Table 4.19: Salient characteristics of combustor zones

Primary Zone Secondary Zone Dilution Zone
m (kg/s) 0.488 0.263 1.08
¢ () 0.71 0.46 0.18
Length (m) 0.012 0.028 0.052

4.4.8 Dome and Liner Sizing

Four sources will be considered in estimating the total pressure loss of this combustor. The first two
have already been considered: recuperator heat addition and
diffusion. Mixing and combustion are the other two sources.
Losses due to mixing are expected to dominate over losses
from combustion. Pressure loss due to mixing cannot be
eliminated entirely as there must be a pressure deficit across

the liner to ensure adequate jet penetration. For an assumed

Figure 4.49: Liner and reference

total pressure loss, the optimal area ratio between the liner, 4, height definitions

and casing, Ap, is found with Eq. 37. The relevant heights for defining a, Eq. 38, are shown in Figure

4.49.
2 _1
a=1- (ﬂ)g (ﬁ) ’ Eq. 37
ms; ar
Hy,
T Eq. 38

After solving for a, the critical pressure loss coefficient due to mixing was calculated using Eq. 39

where Tp is the total temperature ratio across the primary zone [8]. Table 4.20: Dome geometry
0.0354

This critical pressure loss represents the minimum pressure loss 0.0212
0.0147

across the liner that would ensure adequate jet penetration and 0.0088

mixing. By then solving for pressure loss from this critical Cp, a new assumed pressure loss can be used

to calculate a new a. This process was repeated, with slight modifications to ensure convergence in
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different cases, to bring the total pressure loss within 5% of the critical value required for adequate mixing.

This allowed for calculation of the dome and liner geometry presented in Table 4.20.

AP, Mmps\> 11\ Eq. 39
( t> = (ﬂ) (E) Tpz(2Tpz — 1)
crit

Qre f m32
The final component of total pressure loss is due to combustion raising the gas temperature from T,

to Tu. Reference 9 provides a method to estimate this pressure loss based in Rayleigh flow. Eq. 40 shows
the formula where q;.¢5 is the dynamic pressure of flow exiting the dump diffuser. This equation gives a

Table 4.21: Total pressure loss 0.04% pressure loss due to combustion. It is expected that
breakdown.

T Recuperator () 0.986 this pressure loss is small compared to the aerodynamic
nDiffuser (') 0.986
T cotd () 0.997 losses in diffusion and mixing [9]. That is the case for this

Thhot () 0999 bustor. A f ] for thi
n-b,tot (_) 0969 combpustor. Summary (6] pressure 0SS sources 10r 1S

burner design is presented in Table 4.21.

Ty
APt hot = Qref (T— - 1) Eq. 40
32

Injection in small combustors is a technical challenge because of the small space available for
complete mixing [46]. The injection of the fuel will take place through air blast atomizers based on modern
industry practice and research done by NASA Glenn Research Center [59]. Design point for this engine
is a low power setting. While many of the injectors tested in the NASA study experienced blowout at low
power settings or idle, the air blast atomizers showed a high level of efficiency at all power settings [46,
59]. Air blast atomizers are superior to simplex nozzles at low power settings because they do not rely on
high back pressures. Rather, they use the kinetic energy of a blast of air to atomize the fuel droplets coming
from the injector. Air blast atomizers also have very low soot formation due to the high combustion
uniformity they promote [46].

Following recommendations from Reference 8, airfoil swirlers are used. Effectiveness of the swirler
is measured by the swirl number, S’, which is proportional to the size of the recirculation zone in front of

the injector. Swirl number is defined in Eq. 41.
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3 —1 - (Z_h) 3 Eq. 41
t

This number is calculated using swirler geometry and airfoil angles. Specifying 36 swirlers based on
the size of the liner and gives a tip radius is 7.1 mm from continuity consideration. The swirler airfoil
vane angle, o, iS taken to be 45° following recommendations from Reference 2. Hub radius for the
swirler, the air blast atomizer outer radius, is chosen to be 3.2 mm [60]. These design variables result in a
swirl number of 0.62: more than the 0.60 recommended for adequate swirl and flameholding in the
primary  zone
[8]. Figure 4.50
shows the liner
with swirlers
and injectors

shown.

Figure 4.50: Injeéfors and swirlers

4.4.9 Secondary and Dilution Zone Holes

With the pressure drop across the liner now known, air holes to enable the proper air partitioning can
be sized. These holes were sized following methods provided by Reference 8. Secondary zone jets are
designed to penetrate to half the liner height. This will allow flameholding and recirculation in the primary
zone. Flameholding allows for a stable flame while recirculation enables adequate residence time for
complete combustion. Dilution holes are sized to allow for jet penetration to one third of the liner height.
The number and diameter of holes in each zone are presented in Table 4.22.

Table 4.22: Hole distribution and size for air partitioning

Secondary Zone  Dilution Zone
480 1110
3.7 mm 4.1 mm

Number of holes, Ny
Hole diameter, Dy
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4.4.10 Combustor Length Determination

Estimates for length came from Mattingly and are presented here in Eq. 42, Eq. 43, and Eq. 44.

Primary zone length was calculated as 10 mm and secondary zone length as 29 mm. It was found that the

specified hole spacing with seven rows of dilution holes did not fit within the length estimate for that

section. The length was therefore increased from 21 mm to 52 mm to accommodate the required holes.

Lpy; = 28'r;
Lsz = 2H|,

Lp; ~ 1.5H,

4.4.11 Relight Envelope

Various flight conditions are
presented in the RFP [1]. Table 4.23
gives those flight conditions and

attendant U.S. standard atmosphere

.. METERS x 1072

pressures [62]. Relight is assured for

ALTITUDE

all segments of the reference mission

provided. The relight envelope is

shown in Figure 4.51. At maximum

speed, the highest altitude where

FLIGHT MACH NO.

Figure 4.51: Relight envelope [9]

Eq. 42
Eq. 43

Eq. 44

® Loiter
® Cruise
© Service Ceiling

relight can occur is 20,000 ft. This maximum relight altitude can be increased significantly by the addition

of a small mass fraction of oxygen, on the order of 0.5% [46]. The aircraft specified in the RFP will not

carry oxygen for cabin air because it is unmanned. There is a tradeoff of risk between carrying excess

onboard oxygen and the inability to relight at high altitude. The team decided that an onboard oxygen

system is worth the added weight to ensure relight at high altitude.
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Table 4.23: Flight conditions from RFP [1]

Flight Condition Altitude Velocity |

MSL Zero 101 kPa 101 kPa

Takeoff (1 atm) (1 atm)
Loiter 7,000 ft 190 KTAS 78.2 kPa 82.5 kPa
(2000 m) (0.28 M) (0.77 atm) (0.81 atm)

Cruise 12,500 ft 220 KTAS 63.5 kPa 68.3 kPa
(4000 m) (0.33 M) (0.63 atm) (0.67 atm)

Service Ceiling, 50,000 ft 260 KTAS 11.1 kPa 12.2 kPa
Maximum Speed (15,000 m) (0.38 M) (0.11 atm) (0.12 atm)

4.4.12 Combustor Material Selection, Stress Analysis and Mechanical Design

The liner material, SiC/SiC CMC, has already been described in Section 4.4.6. Titanium alloys are
viable for the compressor outlet; however, the temperature rise across the recuperator requires the use of
a nickel superalloy for the combustor casing. The casing will be therefore made from Inconel 718
following recommendations from Reference 63.

The casing is treated as an annular pressure vessel. Maximum stress is given by the hoop stress, from
Eq. 45. For an annulus, hoop stress is compressive on the interior and tensile on the exterior. Allowable

stresses for SiC/SiC CMCs and Inconel 718 are presented in Table 4.24 [56, 64, and 65].

Table 4.24: Combustor material

properties
Material ay P ‘
SiC/SiC 1000 MPa | 2100 kg/m?

CMC
Inconel 718 160 MPa | 8200 kg/m’

Pr Eq. 45

t
This stress is proportional to radius. Because this engine is so small, hoop stress calculations with a

Ohoop =

1.5 factor of safety give the required thickness of the casing to be under one millimeter. For

manufacturability and durability, this thickness was increased to 2 mm. Such a thickness agrees with the
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thickness presented in Reference 63. The liner was also .
chosen to be 2 mm thick with a 0.5 mm thick EBC [56]. ~

Following recommendations for bolt spacing from

.

N

Reference 61, edges of the secondary and dilution zone

holes are chosen to be separated by twice their diameter @ @
[61]. To save axial space, hole rows are offset from one

Figure 4.52: Hole spacing definition sketch

another. This configuration is shown schematically in
Figure 4.52. This spacing resulted in three rows of holes in the secondary zone and seven rows in the

dilution zone.

4.4.13 Isometric View of the Combustor

Figure 4.53: Combustor Isometric View

4.5 Turbine

The turbine section of the engine is designed with a single spool high-pressure turbine (HPT) which
generates power for the compressor section of the engine, and a single spool low-pressure turbine (LPT)

which generates power for the electric generator. The HPT, also known as the gas generator turbine, is
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composed of one stage and the LPT, also known as the power turbine, is designed with two stages to
generate the necessary shaft power. The two spools are designed to be counter-rotating because this is
known to decrease both weight and length [66]. Further depth on the design of the gas generator turbine

and power turbine is provided in this section.

4.5.1 Turbine Pitchline Design Parameters

Both the gas generator turbine and power turbine were designed to have a constant axial velocity.
The flow station data at loiter can be seen in Table 4.25 and Table 4.26 for the gas generator turbine and
power turbine respectively. The first nozzle of each spool must be choked; therefore, the first nozzle exit
Mach number was chosen to be slightly supersonic at M,=1.13 for the gas generator turbine and M,=1.15
for the power turbine [9]. The flow from the combustor was assumed to be swirl free. The shaft angular
speed of the gas generator turbine is set by the compressor at 62,000 rpm. The power turbine was chosen
to rotate at 45,400 rpm to generate the power required, while keeping positive margins of safety for the
blades. The design was done using varying hub and tip radii to keep the pitchline radius constant
throughout the gas generator turbine and power turbine, respectively. A definition sketch of a constant

pitchline axial turbine is shown Figure 4.54.

Table 4.25: HPT Flow Data

Table 4.26: LPT Flow Data

Flow Station Data: HP Turbine Value Flow Station Data: Power Turbine Value

Inflow (kg/s) 1.92 Inflow (kg/s) 1.92
Inflow Total Pressure (kPa) 769 Inflow Total Pressure (kPa) 228
Inflow Total Temperature (K) 1205 Inflow Total Temperature (K) 1022
Inflow Fuel-air-Ratio 0.015 Inflow Fuel-air-Ratio 0.013
Inflow Mach # 0.36 Inflow Mach # 0.55
Inflow Area (m”2) 0.0039 Inflow Area (m”2) 0.0085
Pressure Ratio 0.297 Pressure Ratio 0.445
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Figure 4.54: Constant Pitchline Turbine Definition Sketch [9]

4.5.2 Turbine Flow Calculations and Aerothermodynamics

The baseline for the design was given in the RFP and calculated using GasTurb [1, 5]. A definition
sketch for each stage can be seen in Figure 4.55. The optimized cycle was then used along with design
choices discussed in this section to generate the power required for both the power turbine and gas
generator turbine. There were three main design choices, which were the first nozzle Mach numbers, rotor
relative Mach numbers, and the exit flow angles for the nozzles. There were three different stream surfaces
that were evaluated for the gas generator turbine and the power turbine, which include the hub, pitchline,
and tip.

The power that is needed from the gas generator turbine is determined by the compressor, which
requires 542 hp. Assuming a mechanical shaft efficiency 0.995, the turbine needs to generate 542 hp.
Power at pitchline was calculated using the Euler Turbine Equation, as shown in Equation 46 [9]. The
total power generated by the gas generator turbine is 557 hp, which is 1.98% over what the compressor

requires.
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R Blade solidity=c=c/s
wW=C-U Pitch-chord ratio= s/c = 1/o

Figure 4.55: Stage Definition Sketch [9]

Pstage = mw(1r,Cop — 13Cy3) Eq. 46

The Mach number and flow angle at the nozzle exit were both design variables that were set at 1.13

and 70 degrees, respectively. Mach number at the exit was set at 1.13 for the pitchline because the first

nozzle must operate in a choked state across all stream surfaces. The nozzle exit flow angle was set at 70

degrees, as it is stated in Mattingly that the optimal performance is achieved at 40°< ax<70° [9]. However,

angles above 70 degrees were avoided as to not induce flow separation. The rotor relative exit Mach

number was set at 0.66. This affects the power output and the stage performance, where higher values

increase the stage performance. The maximum viable value is 0.9, which was avoided for the gas

generator turbine design. The first nozzle exit flow angle and the relative Mach number at the rotor exit

produced a rotor exit flow of -3.0°, which is close to zero with the small angle assumption. This is desired

to not induce swirl into the nozzle for the power turbine. The Mach numbers and velocity triangle

components can be seen in Table 4.27.
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Table 4.27: HPT Stage Design

HPT

Streamline | M(~) | M:(~) | C(m/s) |a(deg) | B(deg) | Un(m/s) | W (m/s)

hub 0.36 135 0 0 0 0

mean 0.36 135 0 0 0 0

tip 0.36 135 0 0 0 0

Stage hub 1.31 0.87 783 72.3 62.8 284 520
1 mean 1.13 0.66 696 70 54.2 324 407
tip 1.00 0.51 629 67.8 42.5 364 323

hub 0.39 0.62 239 -3.8 -51.6 284 383

mean 0.39 0.67 238 -3.0 -54.7 324 412

tip 0.39 0.72 238 -2.5 -57.6 364 444

The power needed to be generated by the power turbine is determined by the RFP. At loiter, the
power turbine is required to generate 603 hp of power. Assuming a mechanical shaft efficiency nm=0.995,
the power turbine must generate 606 hp of power. The power generation for the power turbine was
calculated using Equation 46. Two stages were necessary to produce the power required, while
maintaining efficiencies and an exit flow angle into the exhaust of nearly zero. The power turbine
produces 633 hp of power, which is 4.41% more than the desired value, but still within 5% of the baseline.

The Mach number was set to 1.15, because it is required that the first nozzle operate in a choked
condition at all three stream surfaces. The nozzle exit flow angle was set to 59° to maximize power output
without having flow separation. The rotor relative exit Mach number was set at 0.77. The nozzle flow
angle and the relative Mach number at the rotor exit produce a flow angle at the first stage rotor exit of
3.0°. The second stage had a nozzle exit flow angle set to 41° and a rotor relative Mach number of 0.83.
This produced an exit swirl of -0.1°. The Mach numbers and velocity triangle components can be seen in

Table 4.28.
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Table 4.28: LPT Stage Design

LPT

streamline | M (~) | Mi(~) | C(m/s) | a(deg) | B (deg) | Un(m/s) | W (m/s)

hub 1.40 1.01 756 59.0 52.4 243 549

mean 1.15 0.75 651 59.0 38.1 295 426

Stage tip 1.01 0.62 581 59.0 20.8 347 483
1 hub 0.60 0.71 336 4.2 -33.1 243 400
mean 0.59 0.77 336 3.0 -39.6 295 435

tip 0.60 0.84 336 2.4 -44.8 347 473

hub 0.99 0.70 530 50.7 26.5 243 375

mean 0.81 0.61 444 41.0 -0.6 295 335

Stage tip 0.73 0.64 405 34.0 -19.8 347 357
2 hub 0.62 0.77 335 -0.1 -36.0 243 415
mean 0.62 0.83 335 -0.1 -41.4 295 447

tip 0.62 0.88 335 -0.1 -46.0 347 483

The velocity triangles for the gas generator turbine and the power turbine at the three different stream
surfaces can be seen in Figure 4.56. The pitchline is labeled and the other streamlines follow the same
convention. Note that the power turbine is opposite of the gas generator turbine, which is due to it rotating

the opposite direction. This causes the flow angles and directions of the speeds to be reversed.
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Figure 4.56: Velocity Triangles for the Turbine

The stage degree of reaction (Eq. 47) is the ratio of the rotor pressure drop to the total stage degree
of reaction. For the turbine designed, most of the flow expansion is happening in the nozzle. This occurs
here due to the degrees of reaction for the stages, which fall between 0 and 0.5. The second stage of the
power turbine, however is a reaction stage because the total pressure drop is balanced across the rotor and
the stator as the degree of reaction is close to 0.5. Degree of reaction is shown, along with the power and
specific work for each stage in Table 4.29. To reach the power required for the cycle, the power turbine

had to be composed of two stages that make 633 hp of power when combined.

_ Cop + Co3

°R_ =
m 2U

Eq. 47
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Table 4.29: Stage Parameters

HPT ‘ LPT
Stage 1 | Stage 1 | Stage 2
°R 0.010 0.024 0.506
Specific work (hp) 289.9 213.8 115.5
Power (hp) 555.9 410.5 221.8

The highest total temperature in the turbine is 1205 K at the inlet to the gas generator turbine. Ceramic
Matrix Composites (CMC’s) were chosen with a maximum material temperature of 1589 K. Due to this,
cooling was not used throughout the turbine. This means that the engine can generate more power, while
also being more fuel efficient [67]. These temperatures and pressures can be seen in Table 4.30 at the
three different stream surfaces. The flow expansion across the rotor can be seen in this table as well, as
noted when discussing the stage degree of reaction.

Table 4.30: HPT Temperature and Pressure Characteristics

HPT

streamline T(K) T (K) P; (kPa) P (kPa)

hub 1205 1181 768 707

mean 1205 1181 768 707

tip 1205 1181 768 707

hub 1205 946 765 282
Stage 1 mean 1205 1000 765 355

tip 1205 1038 765 413

hub 1022 998 237 215

mean 1022 998 228 207

tip 1023 999 219 198

Table 4.31 shows the temperatures and pressures in the power turbine. Due to the flow temperatures
being well below maximum material operating temperatures, there is no need for cooling. The exhaust
gases leave the power turbine and go through the recuperator. Therefore, it was important to make sure
that the gases were still hot enough to make the recuperator effective. The power turbine has a pressure

ratio of 0.45. This decrease in pressure allows the nozzle pressure ratio to be close to one.
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Table 4.31: LPT Temperature and Pressure Characteristics

LPT
streamline T (K) T (K) P; (kPa) P (kPa)
hub 1022 770 226 73
mean 1022 835 226 226
Stage 1 tip 1022 874 226 226
hub 882 833 130 130
mean 882 832 123 123
tip 881 832 115 115
hub 882 759 129 70
mean 882 795 121 80
Stage 2 tip 881 809 114 81
hub 810 760 89 69
mean 820 771 102 79
tip 827 778 79 62
4.5.3 Turbine Blade and Annulus Sizing

The turbine was designed for a constant pitchline. The gas generator turbine and the power turbine

have different pitchlines to allow for larger blades in the power turbine. An interduct was implemented to

account for the change in pitchlines between the gas generator turbine and the power turbine. The radii

for the different stations within the turbine are listed in Table 4.32. These can be seen in Figure 4.57 to

represent the 2-D flow path through the turbine.

Table 4.32: Radii through the Turbine

I1) | N@ | R@® | N@ | RG) | N®6 | R

Hub (m) 0.044 | 0.039| 0.032| 0.051| 0.045| 0.044 | 0.041
Mean (m) | 0.050 | 0.050 | 0.050 | 0.062| 0.062| 0.062| 0.062
Tip (m) 0.056 | 0.060 | 0.068 | 0.073| 0.079 | 0.080 | 0.083
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Figure 4.57: One Stage Gas Generator Turbine and Two-Stage Power Turbine Flowpath

Once the radii were determined throughout the turbine, the blades were then designed. The blades
were designed to have a smooth contraction ratio, as shown in Figure 4.58, following Farokhi [9]. Axial
chord was determined from the blade height and the aspect ratio. This then then led to the chord being
determined using Eq. 48. Using the chord and the solidity of the blades the spacing was calculated using
Eq. 49. Once the spacing was calculated the throat opening was determined using Eq. 50. Table 4.33
shows important blade design characteristics including the number of blades, blade height, aspect ratio,

Reynolds number based on chord, and the characteristics discussed in this section.

CZ
c= W Eq. 48
s = g Eq. 49
0=0.347 *s Eq. 50
—
K- A
® = N
> N\

Figure 4.58: Blade Design Definition Sketch [9]
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Table 4.33: Salient Blade Design Characteristics

HPT LPT
Stage 1 Stage 1 Stage 2
N (2) R(3) N#) R (5 N (6) R(7)

h (in) 0.021 0.036 0.035 0.036 0.042 0.050
AR 1 1 1.8 1.8 1.8 1.8
g 1.61 1.80 2.83 1.80 3.89 1.97
y° 53.9 53.4 39.8 40.6 1.57 1.57
c(m) 0.035 0.035 0.025 0.026 0.028 0.028
s (m) 0.022 0.019 0.009 0.014 0.007 0.014
o(m) 0.008 0.007 0.003 0.005 0.002 0.005
# of blades 55 28 73 37 55 28
¢, (m) 0.021 0.021 0.019 0.019 0.028 0.028
Re (based on c,

at the hub) 933,000 | 1,310,000 | 312,000 | 260,000 | 262,000 | 211,000
Area (m"2) 0.007 0.011 0.014 0.014 0.042 0.050

The blade design for the turbine can
be seen in Figure 4.59. Note that the
rotor blades in the power turbine are
shrouded. These are shrouded to provide
stability and eliminate flutter caused by
high aspect ratio blades, which also
helps to eliminate tip losses. The rotor
was not shrouded on the gas generator

turbine because it would add a tip mass

to the end of the rotor blade, which Figure 4.59: Cutout of the Turbine

would increase the stress experienced by the blade.

4.5.4 Turbine Blade Material Selection and Stress Calculations
The SR-1000BDE uses ceramic matrix composites (CMCs) for the turbine blades. CMC blades are

one-third the weight of metallic turbine blades. GE uses a special coating to get the maximum operating
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temperature of CMCs up to 1589 K on their GE9x [67]. This allows the designed turbine blades to operate
without any cooling, as the maximum operating temperature in the SF1000-BDE is 1456 K. This
simplifies the architecture of the engine and increases turbine efficiencies. COI Ceramics Nextel™ AS-
N610 Oxide Ceramic Matrix Composite, Aluminosilicate was used for the blades [68]. The casing and
hub were chosen to be made of Inconel 625 [69] with a 2 mm thickness, which was determined to be
acceptable based on positive margins of safety from the Hoop stress. To be certified, a finite element
model would have to be made to determine if this casing thickness would be able to contain a single blade
if it were to fail in flight [70]. This material was chosen because it could handle the high temperatures and
stresses in the turbine.

Centrifugal and thermal stresses were calculated for the rotor blades in the turbine. The centrifugal
stresses were calculated using Eq. 51 and was found to be the determining factor for material selection
and sizing of the rotor blades. In an uncooled turbine the thermal stresses are very small because there is
not a very large change in temperature and can therefore be neglected. Margins of safety for the rotors

can be seen in Table 4.34 as they were the sizing factor for material Table 4.34: Blade Stresses

selection and blade design. The stress on the casing and hub were M

lculated using the h i hown in Eq. 52. This [0 220 oL
calculated using the hoop stress equation, as shown in Eq. 52. This R (5) 200 0.82
gave a positive margin of safety for both the hub and casing with a R() 173 1.11
2-mm thickness.
w?A A
Oc = Pbplade 4 1+ A_h) Eq. 51
P
gy = Tr Eq. 52

Life for the blades was determined based on data from NASA and GE. They estimate anywhere from
1000 hours, based on NASA [7], to above 4000 hours, based on time before overhaul (TBO) from the
Catalyst [71], for the life of CMC turbine blades. CMC’s are still a very new technology and

advancements are being made quite rapidly. For the SR-1000 BDE the life is estimated to be over the
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4000-hour mark by the EIS 0f 2025 for the CMC blades, however it would be recommended to implement

a minimum of a 4000-hour TBO.

4.5.5 Smith Chart
The efficiency of each stage of the turbine was Turbine totak-to-total efficiency

3.0
| J } I
determined using a Smith Chart, as shown in Figure 4.60.

This chart is a function of the stage-loading factor and

flow coefficient. These can be calculated using Eq. 53

AhyU?

and Eq. 54 to get the flow coefficients and stage loading

factors respectively in Table 4.35 [9]. Once these were
calculated, the efficiencies were found to be between

89% and 91.3%, which has been optimized for this

Stage loading coeficient, y

design. Multiple iterations and design considerations
were evaluated, including lowering the turbine inlet

temperature from 1221 K to 1205 K and increasing the

power that each stage makes. The power turbine 05 | | | L
0.4 0.6 0.8 1.0 12

Flow coefficient, ¢ = ¢, /U

produced 632 hp which is 41 hp more than what GasTurb Figure 4.60: Smith Chart [9]

predicted.
C;
== Eq. 53
=7 q
Ahg,
v=—p Eq. 54

Table 4.35: Turbine Efficiency

HPT LPT
Stage 1 | Stage 1 | Stage 2
Flow coefficient, ¢ 0.73 1.14 1.14
Stage loading factor, Y 2.06 1.83 0.99
Efficiency 91.3% | 89.5% | 89.0%
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4.5.6 Three-View of the Turbine

A three view of the turbine can be

seen in Figure 4.61. The HPT is
designated by the blue blades, and the
LPT by the orange blades. There is an
interduct that runs between these two,

which is easily seen by the side view.

Figure 4.61: Three View of the Turbine

4.6 Engine Exhaust

The exhaust nozzle is sized to match the nozzle pressure ratio defined in Section 2, 1.1 as
recommended by Farokhi [9]. The exhaust produces 77.4 1bs of gross thrust, which equates to 33.1 1bs of
net thrust when ram drag is considered. The nozzle does what it was intended to do, which was to
overcome the ram drag. The characteristics of the exhaust nozzle are shown in Table 4.36.

The design for the exhaust was based off the exhaust defined in Reference 36 which provides a casing

for the recuperator as well as a path for the exhaust gases to vent through the recuperator and exit the
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engine. The exhaust bulkhead and casing, seen in Figure 4.62, are made of 2 mm thick 321 stainless steel
[72]. This material was chosen for having favorable thermal properties and its wide use in industry [73].
Insulation then fills the bulkhead and casing, providing decreased density for weight savings while
maintaining advantageous thermal properties [74].

Table 4.36:Exhause Nozzle Parameters

Parameter Value

Exit Area (in?) 35.07
Exit Velocity at Loiter (ft/s) | 589
Nozzle Pressure Ratio 1.1
Gross Thrust (1bf) 77.4
Net Thrust (Ibf) 33.1

Table 4.37: Exhaust Nozzle Flow Data

Flow Station Data: Exhaust Nozzle

Inflow (Ib/s) 4.23

Corrected Inflow (1b/s) 7.17

Inflow Total Pressure (psi) 12.47

Inflow Total Temperature (°R) | 1074.5

Inflow Fuel-air-Ratio 0.013

Inflow Mach # . 0.3 Figure 4.62: Exhaust Nozzle
Inflow Area (in) 43.03

Pressure Ratio 0.98

5 Engine Subsystems

The SR-1000BDE incorporates numerous innovative subsystem technologies to optimize the
performance, maintainability, and efficiency of the engine. These technologies include foil shaft bearings,

an advanced FADEC, and an advanced magnetic starter.

5.1 Foil Bearing System

The SR-1000BDE uses contactless, gas foil bearings to support the shaft. These self-energizing
bearings offer significant advantages over conventional roller bearings. Foremost, the foil bearings do not
require the lubrication and cooling systems of conventional systems. In cutting the lubrication system

from the engine, engine weight is reduced by 15% [75]. The use of foil bearings was validated by finding
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the Sommerfeld Number (SN), shown in the equation below, where a value greater than 6 is deemed

favorable for using foil bearings [76]. The SR-1000BDE was found to have an estimated SN of 8.

Eq. 52

sv=(0) A8

c
The Generation I1I foil bearings will be coated with the

NASA-developed PS400 coating. This coating greatly
increases wear resistance and allows high temperature

operation. The oil-free bearing has a lifespan of 100,000

start/stop cycles, compared to conventional bearing’s 9,000- 2
hour lifespan [75]. Generation III foil bearings have a greatly Figure 5.1: Foil Thrust Bearing [80]
increased load factor over past generations of foil bearings. The foil bearings employed in the SR-

1000BDE can be seen in Figure 5.1 and 5.2. The layout of the bearings in the SR-1000BDE can be seen

in Figure 5.3.

Variable Pitch Bumps

R

Circumferential Splits

Figure 5.2: CAD of Foil Bearing on Left with Bump Foil Schematic Shown on Right [75]
5.2 Starting System

The SR-1000BDE is started by a High Reactance Permanent Magnet Starter/Generator (HRPMM).
The high reactance improves the fault-tolerance of the S/G while the HRPMM reduces weight and

improves efficiency compared to conventional electric or pneumatic starters. As seen in Figure 5.3, the

S Acrospace Engineering 76




KU KANSAS

starter is located on the compressor shaft. The starter will bring the engine to 40% shaft speed to reach
sustainable speeds for stable operation. Honeywell has demonstrated the ability to integrate an HRPMM
onto the shaft with foil bearings [82]. Further, a Honeywell-Lockheed Martin Aeronautics effort
integrated a HRPMM onto the shaft of the gas turbine engine of the Joint Strike Fighter program [81, 82].

With these programs in mind, it is assessed that the risk of integrating a HRPMM starting system on the

SR-1000BDE is low for the 2025 EIS.

High Reactance Permanent
Magnet Starter/Generator

Aft Shaft
Bearings

T

Support Struts

Forward Shaft
Bearings
Figure 5.3: Layout of Bearings with Starter Shown in the SR-1000BDE

5.3 Full Authority Digital Engine Control

An advanced Full Authority Digital Engine Control (FADEC) is a cutting-edge technology that will
be incorporated in the SR-1000BDE. The dual-independent-channel FADEC improves engine reliability,
maintainability, and performance. It reduces pilot/operator workload as the entire system is controlled by
one power control lever, automating fuel flow and mixture control. The system’s Engine Electronic
Controller (EEC) automatically adapts the engine for peak efficiency during off-design flight phases. The
dual-channel system improves safety and reliability as the channels are independent of each other.
Therefore, if a failure occurs in one channel, the redundant channel can keep the aircraft operational.

Modern FADEC’s, with incorporated redundancies, have demonstrated system reliability matching
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mechanical systems across millions of flight hours [8]. The system will monitor engine inlet temperature
and pressure, compressor inlet temperature, inter-turbine temperature, exhaust gas temperature, and
position feedbacks from the fuel metering valves and actuated parts of the engine. The FADEC also will
incorporate a health and usage monitoring system (HUMS). This system allows automatic engine
diagnostics for ease-of-maintenance. Further, the FADEC allows for quick, reliable engine restarts. This
is crucial to the advanced operational concepts envisioned discussed in later sections. The FADEC
onboard the SR-1000BDE incorporates an integrated battery health and thermal management system.
This system will monitor the temperature and loading on the hybrid propulsion system’s batteries to
prevent overheating and potential failures. Using the onboard batteries, charged by the gas generator, the
batteries could power the flight with the SR-1000BDE off. This greatly increases aircraft endurance. The
designers included systems to ensure the reliability and safety of this system. Should the monitoring
system detect a battery failure, the FADEC will automatically restart the SR-1000BDE gas generator to
provide power to the aircraft, ensuring aircraft safety. This system mitigates the risks of modern aircraft
onboard battery-power, while helping to ensure system reliability. Current hybrid-battery system designs
are limited by cooling requirements. Batteries require all heat to be rejected to the atmosphere, whereas
conventional propulsion systems can transfer heat through fluid heat exchangers in the engine [79]. Due
to these limitations, the batteries must be monitored to ensure they do not overheat. The thermal
management system can balance power delivered from the SR-1000BDE and the batteries while
monitoring the battery’s thermal condition. This system reduces onboard direct battery cooling needs
which greatly reduce the efficiency and increase the weight of hybrid systems. The advanced FADEC
onboard the engine ensures the SR-1000BDE offers unparalleled mission reliability and performance

while enabling advanced concepts of operation.
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Pilot/Operator
Power Lever Angle

Figure 5.4: SR-1000BDE FADEC Engine Control and Sensor Schematic

5.4 Advanced Operational Concepts

To take full advantage of the potential performance improvements of hybrid-electric propulsion, the
SR-1000BDE has been designed with advanced operational concepts in mind. The engine was designed
to meet all requirements of the RFP with sole power from the gas turbine. However, with the onboard
advanced FADEC, the engine can support advanced concepts of operation to increase overall performance
and endurance. Using onboard batteries charged from the SR-1000BDE, the FADEC can shut down the
gas generator in flight and transition to the batteries to power the distributed ducted fan system. Figure
5.5 shows a comparison of feasible operational concepts using the SR-1000BDE. Using battery power
during the later stages of flight will improve aircraft endurance considerably. It is preferred to use battery
power in later stages of flight to reduce the weight of onboard fuel, improving overall efficiency of the

flight. The weight of batteries required to power 35% of the flight on battery power was deemed the
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maximum allowable following current hybrid-electric industry practices [78]. Regeneration concepts

were explored for incorporation in the design of the SR-1000BDE, but studies indicate the energy

available for recuperation at less Comparison of Operational Concepts

than 0.5% of total mission energy  35% of Flight on Battery
Power

expenditures [79]. As previously
25% of Flight on Battery

discussed, the FADEC is the Power

these Battery Powered Return

enabling system for i
and Landing

concepts. Without this advanced

All Gas Generator
system, the engine’s reliability to

o

10 20 30
perform these concepts would Loiter Time (hrs)

falter. High redundancy and Figure 5.5: A Comparison of Viable Operational Concepts with
Respect to Loiter Time

reliability, with automatic failure response, is a requirement to execute these concepts.

6 SR-1000 BDE Cost Estimation

Costs for the SR1000-BDE were estimated using correlations for preliminary engine design provided
in Reference 83. These correlations come from turbofan historical data provided by the Rand Corporation.
While this engine is not a turbofan, the correlations provide a rough cut for cost estimation. Development
costs for this engine were calculated to be $369 million in 2019 dollars. This cost fits with comparable
engines. GE Aviation spent roughly $400 million to develop their brand-new Catalyst turboprop engine
[84]. Acquisition cost for the first production engine was estimated to be $2.29 million in 2025 dollars.
This is expected to drop to $933,000 for the 375" engine produced. Prices in 2025 were calculated using
a projected inflation rate of 2.5% [85]. Time Between Overhauls (TBO) is assumed to be 4000 hours for
ecarly iterations of this engine. Over time, this should increase as the system performance and fatigue

behavior is better characterized. With the advancements in fuel efficiency it was calculated that the SR-
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1000BDE will save $74.66 per hour of loiter when compared to the baseline engine, with the cost of Jet

A-1 estimated to be $3.62 in 2025 [86].

7 SR-1000 BDE Weight Estimation

Table 6.1: SR-1000BDE Weight Estimation

The weight of the SR-
Weight Estimation Method Resulting Weight (Ib)
1000BDE was estimated and

verified using several methods. Jan Roskam 42-136.5
Roskam’s Airplane Design Series GasTurb 13 62.45
gave a preliminary range for the Siemen’s NX 66.48
weight of our engine [87]. Using | Siemen’s NX with 1.3 Mass Factor 86.42

GasTurb 13, we found that the unadjusted weight of the engine should be approximately 62.45 1bs. Using
the CAD model generated using Siemen’s NX 12, we found our unadjusted weight to be 66.48 lbs. After
consulting with Dr. lan Halliwell [88], we decided to use a mass factor of 1.3 to account for the controls
and accessories that our CAD model did not account for. This put the preliminary weight estimate of the
SR-1000BDE at 86.42 1bs. This puts our engine close to the center of the range prescribed Jan Roskam.

These values are all shown in Table 6.1.

=
3w Aecrospace Engineering 81




w THE UNIVERSITY OF

8 Request for Proposal Requirements Summary

TPE331-10 SR-1000BDE Percent Requirement

Difference Met?

Loiter Fuel Usage (To Reach 41.5%
20 hours) 993 gal >81 gal Decrease
. . o
Loiter Time (602 gal Fuel 11.64 hrs 20.28 hrs 74.2%

Capacity) Increase

0
Power to Weight Ratio 244hp/b | 11.39 hp/lb [IEREEE
Increase
Range (602 gal Fuel Capacit 2304 nmi 3946 nmi [L e
anee (002 gal Fucl Capacity Increase
V)
Engine Weight 385 Ibf 86.42 Ib | Alail
Decrease
0
Power Output 940shp | 984.5 shp [

Increase

SSISISIKIS
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Figure 8.1: SR-1000BDE Exploded View
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