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1 Summary

1.1 Prologue

Haba-Sulue is a team of students of the aerospace engineering program at Universidad de Antioquia. This is the first
aerospace engineering undergraduate program in the country, and this is the first time that a Colombian team enters the
competition. We look forward to participating in this and other ATA A competitions every year, and would greatly appreciate

if the reader could provide their feedback regarding this proposal, which can be sent to salberto.velezQudea.Edu.co

1.2 Motivation

Reasons for reaching outer space are getting quotidian for humanity, generation by generation, year by year, while the
world develops every day more confident than ever, but still keeps facing the inevitable challenges of nature, like those
lived throughout 2020 and the ongoing 2021 pandemic. Reaching outer space is necessary to advance, to survive, and to
understand our place as whole humankind. But for these outstanding views and those fierceful moments to come from
space exploration, as individuals the day of today, we might not be present. Despite this, we still reach for space and stars.
We reach space and we risk thriving on it for a very different reason beyond need or survival. Today, we accept these

b2

challenges ”...not because they are easy, but because they are hard because that goal will serve to organize and measure
the best of our energies and skills...”. As students, we would like to understand the words of President John F. Kennedy
as a call to accept the challenge, because only by emerging through it we find the best version of ourselves. This is what a
still-young history of the National Aeronautics and Space Administration (NASA) has taught around a still divided world.

Being better to yourself is reached only by making others around you better, and the best version of ourselves knows that

best is only achieved as a team.

1.3 Executive summary

Project Haba-Sulue team, in the opportunity of challenge, submits this proposal to the American Institute of Aeronautics
and Astronautics (AIAA), aimed to accomplish a formal proposition to NASA of a round trip involving the concept of a
planetary sampling campaign with a Mars Sample Return (MSR) mission. The name of our project, in honor to the Kogi,
an ancient culture of Colombia that worships snow among their Gods and gave it the name of Haba-Sulue, reflects the main

goal of the mission, retrieving ice cores from Mars, and from then on, the start of MSR operations.
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To date, NASA’s Mars Sample Return is being executed in various stages, starting with Mars 2020 Rover collecting
geological samples from Mars, but a sole round trip aimed to accomplish it is being thought only for 2030 as a crewed
mission that will precisely sample ice cores and return them back to Earth. To achieve this level of precision of a manned
mission, the team followed the constraints imposed for the Request for Proposal (RFP), for which a special emphasis was
put on Planetary Protection.

To achieve this proposal the team performed trade studies with models like Analytic Hierarchically Process (AHP), a
structured technique for organizing and analyzing complex decisions, based on mathematics that finds applications in group
decision making. AHP process developed used quantitative values but also it was used quantitative values compared from
logic, experts advisory and knowledge gained as the mission was evolving. this decision-making process can be found within
subsystems sections. For some cases, the team had the chance to directly discard some of the concepts and architectures
based on facts and literature. all decision processes and down select were based paramount trades such as cost, low
complexity and design and development time, as well as specific drivers found on every system.

Regarding launch architecture, two cases were assessed, one launch architecture and multiple launch architecture ongoing
right now by NASA and ESA. This last option was discarded considering convenience, mission success probability and also
that cost and time were out of range for Space Design constraints. A single architecture was then responsible to carry at
least the main systems needed for the round trip, being these the Mars Ascent Vehicle (MAV), the coring and sampling
systems, and the conservation of sample systems. Over this wide spectrum of possibilities, multiple architectures were
evaluated for each of these systems.

Regarding MAV the hybrid versus solid propellant architecture selection, a wide variety of investigation was carried
out considering hybrid efforts made by NASA and its different partner contractors. Hybrid MAV was desired due to its
low Allowable Flight Temperature (-72°C) and potentially even go as low as -100°C. This condition is even more relevant
when is considered that the MAV need to survive near pole temperatures. On the other hand, it was found that Hybrid
option was less GLOM sensible compared with the solid solution. Despite these characteristics, hybrid option was discarded
considering its low technology readiness level (TRL) and little time available for development, testing and certification, all
of this before 2026 selected launch window. This and that solid rocket motor was found to have a high TRL, its selected
propellant has flight heritage, and it was the complex, costliest and needed the least time to be ready. the designed rocket
is a Two Stage To Orbit (TSTO) rocket equipped with Reaction Control System (RCS), Thrust Vectoring Control (TVC)
and high heritage TP-H 3062 (16% Al) propellant that withstands temperatures as low as -58 °C

Regarding coring and sampling, on the drill matter two options were considered, resulting auto-gopher as the best
option given that there was scarce literature information and therefore other drills could not be compared properly. The
Auto-gopher is a deep drill design and developed by honeybee robotics, the same company that designed the MSL curiosity
and perseverance drills. Once the drill selected different robotic arms were assessed, Johnson Space Center proposed that

an arm equipped with a claw was used but literature review on this type of arms was outdated and their functionality was
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limited to this mission in particular, meaning no heritage. Considering this the Canada arm was selected due to its low
cost is currently working on the ISS. The overall selected system allowed for low complexity and convenience given that it
only needs two steps to drill and save the extracted sample inside the capsule, whereas discarded alternatives would need
at least five steps to achieve the same goal.

Regarding the rover versus lander options, a lander was selected due to its low cost and low complexity. Modifying
the descent stage sky crane used in MSL and Mars 2020 to serve as lander as well was found to meet the requirements
and key trades, whereas the rover architecture, despite having the ability to launch the MAV at any time regardless of
the rover being stuck, it the costliest option and carrying a 4400 kg MAV system would need a large and robust rover,
impacting negatively on complexity and packaging options. On conservation system the OS with active vs passive thermal
regulation resulted that other systems could provide thermal control assistance and thus the OS would not need thermal
active system, a thermal study was made and found that the OS would be secure in every stage of the mission, having the
rover with thermal active assistance as well as Earth Return Module (ERM). The OS is well sealed and hermetic, and it
uses a white coating as a passive thermal control while orbiting around mars until catching with ERM.

From these trades, a final configuration based on saving of space, mass, and costs was found optimal, as it was the
less risky option for its extensive use of heritage components, or if not, at least already proven in-flight systems. This
configuration based on heritage components results in a less costly mission due to less testing and design considerations.
To confirm this, various analyses based on reliability and costs were performed throughout the systems. At the end of the
trade studies, the solution was delivered by three systems: an electrically propulsed spacecraft with the capacity of being an
orbiter and a round trip shuttle, based on Stardust, Osiris Rex, and Mars Reconnaissance Orbiter (MRO) missions. This
spacecraft will circularize around Mars with aid of the Martian Atmosphere and will deliver the payload into coordinates
68.22N, 234.25E, Green Valley, Phoenix landing site. An EDL system, which has the twice proven Aeroshell of MSL class
missions with no changes to its configuration will perform the entry with its autonomous guidance systems and will hand
the last landing stage to the Powered Descent Stage (PDS) of this very MSL class EDL. This vehicle will be the same as in
previous missions but with two structural modifications that allow it to carry the MAV and to land it in a safely condition,
still being able to perform the skycrane maneuver to deposit on Mars surface the operations vehicle. This operations vehicle
is a rover of considerable size to weight ratio and made up of heritage components of the two previous NASA rover classes
MER and MSL. This rover is specifically designed to carry the Auto-Gopher II drill, a wireline autonomous coring system
developed by JPL in association with Honeybee Robotics, the company responsible for the two drills that are right now in
operation on Mars surface aboard the two MSL class rovers. The rover will return the samples to a solid propellant MAV
system that survived Martian poles thanks to a brand-new igloo thermal system, and to design components that can stand
the selected environment. Finally, the most critical stage of the mission, the conservation of the samples, was achieved by
choosing adequate latitude and season for landing. This conjunction permitted the ice to remain stable at environment

changes, being supported in extreme temperature cases by the Mechanically Pumped Fluid Loop (MPFL) aboard the rover.
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The following stages include the accomplishing of a novel orbital maneuver, tested already on ISS facilities, known as the
"catching”, in which the orbiter will perform attitude control till the OS (Orbiting Sample), a little canister of about 20
cm in diameter and about 25 cm tall, is found optically after surviving on-orbit conditions, and then brought inside the

spacecraft into an environment suited for the sample preservation during the trip back to Earth.

Launch © sample collection
) Earth -Mars Trajectory Mars Sample Return

:) - Rendezvous with Mars orbit. MSR and Orbiter Rendezvous
- Entree protocol of payload.
- Station of COM orbiter

Mars landing

Mars-Earth injection

Earth landing

FIGURE 1.1: The main mission steps considered by the Team in a very basic scheme.

1.4 Mission Overview

1.4.1 Project management and Mission Design

Haba-Sulue Mission Design was broken up into three main phases. System requirements review and literature review,
Preliminary Design Review and Critical Design Review. Initially, the team brought together the required deliverables, key
deadlines, estimates of required work effort and team organization. Initially, the team was tasked with recognizing the
required deliverables, key deadlines and a general study of the effort and time required to meet deadlines. Starting in
November 2020 and after doing a literature review of the mission, the team was divided into three main groups, sample
extraction and mars campaign, atmospheric flight and orbital mechanics, each responsible for mission decisions pertinent to
each area. Once the working groups were established, a 3-month time frame was given, the preliminary work was focused
on conceptual design, performing an extensive literature review of each system, identifying the key trades for each of these.

Initially, meetings between teams took place every week to accumulate knowledge through dialogue, during the week the



activity, apart from advancing in the research, consisted of writing down the main findings and identifying the interface
needs with other systems. Starting the Preliminary Design Review in February 2020, 3 meetings were held per week, a
general meeting to evaluate the status of the mission, the meeting of each group, where the needs were identified and a
space for a third interface meeting with the other teams. During this stage, we held consultancies with different experts
on the subject, some compatriots who work at NASA and some professors of the program. By the end of March, a written

PDR was ready. April and May consisted of the Critical Design Review and the final drafting of the proposal.

1.4.2 Needs Analysis

For several decades, scientists have advocated the return of geological samples from Mars. To bring mars closer to earth,
NASA has declared a Mars Sample Return mission the main goal for this decade. Samples of particular interest are ice core
samples; this samples have accumulated information of interest throughout millions of years about mars history and the
formation of life. MSR mission will pave the way for future exploration of Mars and allow manned missions to the red planet
in the forthcoming years. Considering that some stages of this mission have never been done, there are many challenges
that need to be addressed for the success of this mission. Ice cores sample survivability from extraction to the laborato-

ries on earth, sample handling and transfer to lander, MAV flight ascension and OS injection to target orbit are among them.

2 Landing Site and Season

Where to land on Mars proved to be the most critical part for the planning of this mission. On this decision relies all
aspects over vehicles, orbits and budget and the decisions to follow. Therefore, several alternatives have been considered for
the landing site based on studies about the distribution of ice deposits on Mars. At first hand the team the sites selected
according to the above include areas such as glaciers in the middle latitudes, northern craters, Arcadia Planitia, the North
Pole and its environments at whole Vastias Borealis.

It should be mentioned that the south of the planet and associated latitudes were not considered due to the surface
relief they present and the large changes in height due to the number of craters it has, which for a type of mission like ours

is quite critical and presents many difficulties to access them.

2.1 Mars Landing Site Selection

For the selection of the landing site on Mars, as mentioned above, the main interest is focused on the confirmation of the
existence of solid ice at the site, however, aspects that could be seen as impediments during the development of the mission

or that could affect any of the associated systems, that is, the place should have at least environmental conditions where
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FIGURE 2.1: Depth to the top of the water ice table derived from MCS data. Background is a MOLA shaded
relief. Low thermal inertia regions unsuitable for landing are masked out. PHX, VL1, and VL2 indicate the
landing site locations for Phoenix, Viking Lander 1, Viking Lander.

the pressure and temperature are not so extreme and can be controlled in the vehicles that operate on the surface through
the system of thermal control these, low or zero slopes on the ground to facilitate the mobility of the rover and the range of
the landing ellipse, be located at a latitude and with altitude MOLA accessible for the EDL and for the launch of the MAV,
finally that it does not have planetary protection restrictions that prevent the operation of instruments that are planned
to be implemented in that area.

In accordance with the above, the option of the northern polar craters is ruled out due to their surface relief that
compromises landing and operational physical support [1]. Glaciers, even though is ideally suitable for this task, are ruled
out due to the lack of certainty about the depth of the ice and its composition [2]. The North Pole, despite being one of
the best consolidated candidates in terms of the presence, shape and depth in which the ice is found, presents planetary
protection and location restrictions that make access and survival difficult, for that is also discarded [3, 4].

Finally, the two places with the most suitable conditions for landing are reduced to Arcadia Planitia and the Phoenix
landing site. The first been promising for human colonies settlement, ancient ice [5, 6], but the latter being the one chosen
for the certainty of finding ice, its shape and stability with respect to Arcadia [7, 8]. In addition to having the information
and characterization that the Lander [9] carried out, which allows us to propose the systems with greater certainty of the

environmental conditions they will be faced with.
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TABLE 2.1: Reliability Study for Mars Landing Site.

Alternatives Ice Composition %P of Finding Ice = Surface Free Obstacles -
Weight 0.16794 0.75138 0.08067 AHP
North Pole 0.47011 0.32471 0.56002 0.36812
Arcadia Planitia 0.05215 0.05085 0.04399 0.05052
Craters 0.27396 0.32471 0.23533 0.30898
PLS 0.20377 0.29971 0.16065 0.27238
TABLE 2.2: Trade Study for Mars Landing Site.
Alternatives MOS Pressure/ Temperature PP Mean Slope (°) EMC Reliability -
Weight 0.134 0.264 0.114 0.12 0.15 0.22 AHP
North Pole 0 11 mbar /205 K 0 0f UBL 0.36812 0.08216
Arcadia Planitia 0 0-18 mbar/205 K 1 5.7¢ 1281 suns  0.05052 0.12504
Craters 0 11 mbar/205 K 0 0-20f UBL 0.30898 0.06896
PLS 1 7-11 mbar/175.3-253.4K 0 0.2-0.3¢ 150 suns  0.27238 0.19328

3 Orbital Mechanics

3.1 Timeline

An overview of the mission timeline is shown in Fig. 3.1.

3.2 Key trades

3.2.1 Decision to Dock or Catch Mars samples

A first proposal for the on-orbit collection of samples was studied. It required MAV to be adapted to carry out a docking
maneuver with the orbiter, which implies increases in the mass and the electrical power consumption for both vehicles since
it must integrate components that allow the proper interface between both spacecraft environments of MAV and EEV.
However, several Orbiting Sample (OS) capture systems for MSR have been studied at JPL [10]. Therefore, a Capture
and orient module (COM) concept was selected because of its improvements on interfacing phases and achieving different
goals compared to the concepts studied before. In this architecture, the geometry of the OS concept is roughly a cylinder

with spherical caps. This allows a safe preservation of the samples but also simplifies the complexity of the rendezvous
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MSR Mission Timeline
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FIGURE 3.1: Mission timeline.

with the ITV as the MAV only has to put in orbit the OS capsule instead of performing a docking maneuver, thus saving
mass and power budgets. Additionally, this alternative allows for greater mission reliability since the OS has undefined
orbit time due its coatings, which can be modified to withstand prolonged/shorter times, this allows for greater capture

opportunities in the event of an unsuccessful phasing maneuver.

3.2.2 Propulsion system

Interplanetary missions have been characterized by an increased use of chemical propulsion as the main propulsion system.
Due to its high thrust and its impulsive characteristic, chemical propulsion allows a simpler and more precise development
of maneuvers during the mission. In addition, it allows the temporary reduction of mission phases and the use of more
effective correction maneuvers. Despite all this, chemical fuels have a low specific impulse that causes excessive consumption
for each maneuver. The fuel in an interplanetary mission with a chemical propulsion system can reach 110% of the dry
mass.

In recent missions, the use of low thrust and high specific thrust propulsion systems has become useful in order to
reduce propellant mass at the expense of increasing mission flight time. Ionic electric propulsion is characterized by its
high specific impulse and greater thrust compared to other low-thrust propulsion systems. This system has been used in
missions such as Deep space I and Bepicolombo. A trade study about propulsion system is shown in Table 3.1 using a dry
mass estimation of 3,600 kg at the initial state and 600 kg at the final state of mission. Bepicolombo system and AMBR
rocket are considered for calculus.

The Ion electric Propulsion System was selected due to its greater reduction in fuel consumed, reducing the total mission

mass and allowing the use of a medium-lift launch vehicle as Falcon 9, at the expense of greater mission complexity and
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TABLE 3.1: Propulsion trade study.

Propulsion Av [km/s] Mass[kg] Cost[M USD] Time of fly [days]

Chemical 4.0 2700 0.84 627
Electric 12.7 525 1.57 760

TABLE 3.2: Launch vehicle trade study.

Alternatives Cost [M USD] Payload volume [°] Payload mass to GTO [kg] Reliability -

Weight 0.498 0.097 0.322 0.083 APH
Ariane V 137 186 10865 100 0.322
Atlas V 121 89 8290 100 0.157
Delta IV 164 85 6160 100 0.063
Falcon 9 62 145 8300 100 0.457

greater flight time.

3.3 Launch vehicle

3.3.1 Launch Vehicle Selection

Historically, the most used launcher for Mars missions has been the Atlas V. However, due to the limited Payload Fairing
(PLF) volume, its cost and the development of new launchers in recent years, it has been decided to also consider launchers
such as Ariane 5, Delta V and Falcon 9 Block 5. To fulfil the design constraints, only medium-lift launchers were taken
into account in the selection process as their capabilities, both in mass and volume, are sufficient to meet the mission
requirements.

Table 3.2 presents the analyzed criteria and their respective weights, prioritizing the launch cost and the mass payload
since they are the main drivers of the mission. On the other hand, all candidates have the ability to send a payload to Mars
with sufficient reliability as they all comply with category 3 of NASA Launch Vehicle Certification [11], which is awarded to
launchers that have the minimum risk of failure and are capable of holding highly complex scientific payloads (eg, category
A) [12]. It is worth mentioning that in addition to this type of certification, each launcher must have a special allow to be
able to send a payload that contains nuclear material. In this permit tests and structural analysis contemplate the worst
failure scenarios and the harmful effects of spreading nuclear material in the atmosphere.

In this sense, the AHP method was applied, obtaining Falcon 9 Block 5 (Fig. 3.2a) as the best option . This decision
is justified due to its low cost and sufficient payload to Geostationary transfer orbit (GTO) orbit, which represents a 4,020
kg payload capability to Mars. Although SpaceX’s Falcon 9 has not yet launched payloads towards Mars, it has shown to

have a great operational capacity and precision demonstrated with its 116 successful launches since 2010 and especially in
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FIGURE 3.2: Launch vehicle and payload overview.

its manned missions such as Crew Dragon Demo-2, which was the first crew to launch from American soil since STS-135

in 2011. Fig. 3.2b shows the volume of the fairing and the orbiter in launch position.

3.3.2 Costs and Reliability

As seen in Table 3.2, Falcon 9 has a cost of 62 million USD. To identify the services included, reference has been made to
SpaceX s user manual [13].which states that,” Its pricing includes range services, standard payload integration, and third-
party liability insurance. As a standard service, SpaceX will arrange for the spacecraft container and all associated test and
support equipment to be offloaded from the plane and transported to the payload processing facility”. As mentioned before,
although Falcon 9 does not have a history of Martian missions, its reliability is high since its design and operation are
focused on reducing crucial risks presented in engines, avionics, and stages separation. For instance, to eliminate hazardous
pyrotechnic devices a pneumatic system is used, which significantly reduces orbital debris generation. On the other hand,

avionics have redundant systems and fault-tolerant components that reduce overall risk in the launch phase. [13].

3.3.3 Schedule

The preparation time for the launch required by the Falcon 9 is a total of 24 months in advance, in the Table 3.3 taken

from the official user manual [13] some of the events included before the launch are listed.
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TABLE 3.3: Standard launch integration schedule.

Estimated Schedule Title

L-24 months Contract signature

L-22 months Mission integration kickoff

L-12 months Completion of mission-unique design and analyses
L-3 months Launch campaign kickoff

L-2 days Launch readiness review

Separation + TBD minutes  Orbit injection report

Launch + 8 weeks Flight report

3.4 Trajectory

3.4.1 Alternatives

There is an extensive catalog of possibilities to go and go back from Mars: bi-elliptic transfer, Hohmann transfer, lunar

flyby, Venus flyby.

Bi-elliptic trajectory:

Is a maneuver that consists of two half-elliptic orbits. It may require less delta-v than other maneuvers like Hohmann transfer
maneuver. There are two parameters that are necessary to optimize a bi-elliptic trajectory: Ratio of radii (R =rp/71) and
alfa (« = r,/r1) where rq is the radius of the initial orbit, r; is the radius of the final orbit and ry, is the radius of the elliptic
auxiliary orbit [14]. when the ratio of radii is less than 11.94, Hohmann transfer is always better than bi-elliptic transfer

[15]. The ratio of radii between Earth and Mars is 1.53, therefore, bi-elliptic transfer is not profitable.

Hohmann transfer

The maneuver par excellence. Consist in a half-elliptic orbit in the ideal case, but in real cases exist two cases: when the
path is less than half-elliptic orbit and when the path is more than half-elliptic orbit [16]. It often uses the least amount of

propellant. Its simplicity and cost savings make it the most used trajectory.

Lunar and Venus flyby

Lunar flyby consist in perform a gravity assist around the moon before starting the trajectory to Mars with the objective
to get an impulse from the satellite. It may require less AV than other Hohmann transfers but generally it require
approximately 1.44 km/s more delta-v than optimal Hohmann transfers (AV of 7.148-8.006 km/s) [17]. Similar to Lunar
flyby, Venus flyby consist in perform a gravity assist around Venus before arriving to Mars. This trajectory enables to
carry out multiple science missions in Venus and offer numerous safe-return-to-earth options [18]. Despite of the scientific
mission, crewed Venus missions are more useful than robotic mission like this. Additionally, the AV necessary for Venus

flyby is not less than 9 km/s [19, 20].
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Other trajectories like low-thrust impulse were discarded because its higher cost in time or because of its lack of reliability
and technology readiness. Due to costs and simplicity, Hohmann transfer was selected like the trajectory to go and go back

from Mars.

3.4.2 Selection process

With the purpose to estimate the characteristics of the trajectory, the tool trajectory browser of NASA was used. The
search parameters were: Mission type round-trip rendezvous, launch year between 2022-2030, max duration of 5 years, max
AV of 20 km/s and minimize the AV [20].

For analysis of all trajectories obtained with the trajectory browser, a trade study was carried out. The parameters
considered were the elapsed days from PDR, the season of arrival, the stay time, the total time of flight and the total AV.
Having the main drivers and its weight of importance on Table 3.4, two trade studies where made. Considering stay time
parameter directly proportional to the score, the results of three best trajectories can be appreciated in first part of Table
3.5. In the other hand, having stay time parameter indirectly proportional to the score, the results of four best trajectories
can be appreciated in the second part of Table 3.5. These options correspond to Hohmann type II trajectories. The results

of trade study are shown in Table 3.6.

TABLE 3.4: Best trajectories.

Driver Criteria Weight(%)
Mars Arrival Season  Extraction operations of samples 0.132
Stay time Extraction operations of samples 0.2
Time of flight Batteries 0.15
Total AV Fuel 0.3
Earth Departure Preparation time 0.218

TABLE 3.5: Best trajectories.

Elapsed . Total time
# Eart Departure DaysFrom  Season ]Sziz(s)ii Earth Return St(?;tl:)le of flight T((l)?r{/As;/
PDR y (days)
First Study
1 01/10/2024 1236 Summer 7 09/06/2029 1104 608 4.90
2 01/10/2024 1236 Summer 7 24/05/2029 1104 592 4.92
3 17/10/2024 1252 Summer 7 24/05/2029 1088 592 5.04
Second Study
4  08/11/2026 2004 Summer 3 27/07/2029 352 640 4.85
5 08/11/2026 2004 Summer 3 09/06/2029 368 576 4.90
6 08/11/2026 2004 Summer 3 24/05/2029 368 560 4.91
7 08/11/2026 2004 Summer 3 08/05/2029 368 544 5.14
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TABLE 3.6: Trade study about trajectories

. Elapsed Total time
Tra]e; tory daysp from Season Staytime  of flight Tc;(tal/AV Total score
PDR (days) (km/s)
1 6.07 10 9.86 7.63 9.88 8.72
2 6.07 10 9.86 7.84 9.84 8.74
3 6.15 10 9.71 7.84 9.60 8.66
4 9.84 10 3.18 7.25 9.98 8.18
5 9.84 10 3.04 8.06 9.88 8.25
6 9.84 10 3.04 8.29 9.86 8.27
7 9.84 10 3.04 8.53 9.42 8.18

3.4.3 Chosen alternative and details

Despite of the three trajectories of 2024 having a better score than trajectories of 2026, the critical ORR stage can take more
longer than expected. For that reason, only the trajectories of 2026 were considered and the trajectory #5 was selected
due to high score, but in the next steps, the trajectory #2, that have the best score, is considered in case of any estimate of
development and ORR stage time. Another trajectories with more development time were discarded due to its great fuel

consume. additionally, in Fig. 3.3 the trajectory selected is shown.

FIGURE 3.3: Round-trip rendezvous mission to Mars with optimal parameters [20].
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3.4.4 Trajectory Design

The trajectory obtained with trajectory browser does not fully apply to our current mission strategy due to 1) it implements
impulsive maneuvers(instead of using finite burns), and 2) the returndateof the samples has been changed. For these reasons,
the final trajectory has been redesigned. STK software has been selected to design, model, and analyze the complete
trajectory. Astrogator module was used to develop and solve the trajectory stages of the vehicle. The AV values obtained

with astrogator trajectories were translate at mass cost using rocket’s equation.

Interplanetary Outbound trajectory design

The objective of the Outbound trajectory is to match the position and velocity relative to mars that are necessary to stay in
an elliptical orbit around it. The path obtained with trajectory browser for the Outbound trajectory is a Hohmann transfer
type II, perfect for low thrust maneuver due to greater tangency between the target body’s path and the satellite at the
end state. Low thrust maneuvers have a greater difficulty than impulsive maneuvers which lies in the thrust’s temporary
effect. For that reason, the outbound trajectory is divided in four segments after the departure of earth: coast, correction,
braking and capture.

The coast segment lasts approximately 180 days. During this time, the ITV has enough time to perform an appropriate
system deployment and checks, to calculate corrections of the next steps in the trajectory. After these 180 days, the
correction phase starts with a low thrust burn for 106 days that provides to the system the necessary AV and direction
to match mars in the next segments. Immediately after of this maneuver, the ITV is turned in the opposite direction of
speed with the objective to do a brake phase and approximate to mars with the right speed. Last, the capture segment
reduces the ITV’s speed relative to mars. This maneuver ensures that the ITV is captured in an elliptical and polar orbit
around mars. Elliptical orbit allows a posterior aerobraking sub-phase. A summary of the outbound trajectory segments

is presented in the Table 3.7 and a 2D general view in the Fig. 3.4.

TABLE 3.7: Outbound trajectory summary.

Maneuver AV (km/s) Propellant Mass(kg) Duration(months)

Coast 0 0 6
Correction 2.7 243 3.5
Braking 0.16 14 0.2
I Capture 0.044 4.0 0.1
Total 2.9 261 9.8

Parking Orbit Design

The phase to achieve a parking polar orbit around Mars is divided in 3 segments: stable orbit, circularizing and increasing.

The capture orbit has an eccentricity near to 1. To reduce this parameter is necessary to do a low thrust burn during the
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FIGURE 3.4: Interplanetary outbound trajectory model with STK software.

first orbit to achieve a stable orbit with a period of around 1.9 days. This first maneuver increases the periapsis from 100 to
650 km, allowing a correct development of the circularizing maneuver. The circularizing phase consist in two parts: one, a
reduction of periapsis using low thrust maneuvers, and a second part using aerobraking. Aerobraking maneuver is a highly
mass-efficient method that reduce energy spend using the atmospheric drag force. For that reason, aerobraking is selected
as a part of the circularizing phase above increase use of low thrust.

In the Second orbit, the ITV burns between windows of -90 and 490 degrees true anomaly along the velocity vector
starting to reduce the apoapsis of its orbit. This maneuver not only affects its apoapsis, but also reduces its periapsis
slowly. After 500 orbits the ITV reach an 0.3-eccentricity orbit with a period of 3 hours and periapsis of 113 km. the
aerobraking starts during these 500 orbits while the periapsis reduces and become significant around a periapsis of 150
km. Then, the ITV starts his increasing phase, that consists in a low thrust maneuver along the velocity vector. After
70 orbits, the vehicle reaches a circular orbit with radius of 310 km and a period about 2 hours. These parameters allow
the correctly development of the descending and catching phase. The Table 3.8 shows the main parameters of the parking

orbit sub-phases and Fig. 3.5 is a visual 2D representation of the trajectory obtained.

TABLE 3.8: Parking Orbit summary.

Maneuver AV (km/s) Propellant Mass(kg) Duration(months)

Stable Orbit 0.04 4 0.06
Circularizing 0.53 46 9.6
Increasing 0.15 13 1.2

Total 0.72 62 10.8
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FIGURE 3.5: Circularizing maneuver to parking orbit, model with STK software.

Sample Rendezvous

Around 30 days later, after the sampling process and posterior MAV launch, the sample rendezvous phase will start. The
MAYV can deliver the OS in a polar 300 km parking orbit with an uncertainty of 4/- 1 degrees and +/- 10 km of altitude.
The rendezvous phase will have a maximum duration of 40 days [21]. To minimize the time and error of the catching,
attitude thrusters are selected for the maneuver. A 20 km maximum altitude correction are considered due to the ITV
parking orbit. The inclination correction was considered to a maximum of 5 degrees in the case of an emergency with the
OS locating or significant gravitational perturbations. The AV calculus of inclination and altitude maneuvers gives a value
of 59 and 9 m/s, respectively. The total mass for the ITV rendezvous maneuvers with an additional 10% of security factor

is 26 kg of hydrazine.

Return trajectory design

The return trajectory has the difference with the outbound trajectory in that the return trajectory go out from mars with
a low thrust maneuver, adding an extra maneuver and increasing the energy and complexity in all trajectory. The 4 phases
of this trajectory are: Departure, decreasing, elevating, and intercepting. The departure phase is the additional sub-phase
and consists in an increasing spiral orbit to match the hyperbolic excess speed in the SOI surroundings necessary to escape
of the Mars gravitational field. This maneuver takes around 128 days of low thrust burn along the velocity vector. After
escape of the Mars SOI, the decreasing phase starts with the objective to reduce the orbit around the sun to match the
earth orbit. This phase requires a burn oriented in the opposite direction of ITV’s velocity relative to sun.

Then, the elevating sub-phase does a burn oriented in a 90-degrees elevation respect to the ICRF coordinate system.
This maneuver has the main purpose to change the inclination of the return trajectory to the needed for earth orbit

interception. Last, the intercepting sub-phase realizes a burn with a direction near to the anti-velocity vector to correct
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the trajectory and achieve a successful interception with the earth. The reentry speed is about 16 km/s. Table 3.9 and fig.

3.6 summarize the return trajectory. Table 3.10 gives a estimation of AV and mass of propellant.

TABLE 3.9: Return trajectory summary.

Maneuver AV (km/s) Propellant Mass (kg) Duration (months)

B Departure 3.3 54 4.3
Decreasing 4.5 72 5.0
B Elevating 0.7 12 0.9
Interception 44 71 5.3
Total 12.9 208 15.5

\

5 Feb 7030 20:57:07.626 Time Step: 1152¢8.¢¢-sec

Sun Inertial Axes

FIGURE 3.6: Return trajectory model with STK software.

TABLE 3.10: ITV Propulsion summary.

Propellant AV (km/s) Mass (kg) Mass with reserves (kg)

Xenon 16.5 532 585
Hydrazine 0.08 26 28
Total 16.6 558 613

3.5 Interplanetary Transfer Vehicle

3.5.1 System Overview

The Interplanetary Transfer Vehicle (ITV) has three main functions: the first one is to transport and deploy the Entry,

Descent and Landing (EDL) capsule into Mars, which carries with it the Lander, Rover and Mars Ascent Vehicle (MAV);

the second one is to link the communications between Mars operations and Earth; and the third one is to return the Mars

ice core samples back to Earth through the Orbiting Sample (OS) within the Earth Entry Vehicle (EEV).
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3.5.2 Configuration

Fig. 3.7 shows the ITV at launch configuration, its coordinates axes and its general dimensions. Its design is inherited by
OSIRIS-Rex and MAVEN designs. Also, it shares some similarities with Mars Reconnaissance Orbiter (MRO). The ITV
configuration consists of an aluminum honeycomb cylindrical structure, with 1.3 meters of diameter and 3 m of height,
surrounded tangentially and radially by four and two aluminum honeycomb panels respectively. Additionally, two panels
are disposal at top and bottom of the cylinder.

In order to fit the spacecraft into the Falcon 9 payload volume, the EDL is disposed at the top of the ITV. This also
makes the center of mass to be along the central axis, which results in a better performance of the structure supporting
the stresses generated at launch. Within the cylinder is the xenon tank for the two T6 Gridded Ion Thrusters which in
turn are positioned at the bottom, fulfilling the function of main engine. Surrounding the main engine is the 1.575 meters
of diameter Payload Attachment Fitting (PAF) for the ITV with the Falcon 9 [13].

At - y-axis panel is the Capture and Orient Module (COM) oriented vertically. The COM is in charge of catching the
Orbiting Sample (OS), for that reason, the COM lid is pointing to the + z-axis in order to avoid main engine plume at
rendezvous with the OS. Additionally, at the + y-axis panel is mounted the 1.9 meters diameter high antenna. Fig. 3.8

shows an exploded view of the ITV and its components.

FIGURE 3.7: ITV at launch configuration.
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FIGURE 3.8: ITV exploded view and components.
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3.5.3 Structure

The ITV structure is a legacy of MAVEN and OSIRIS-REx. It consist of a main cylinder of 1.3 meters of diameter and 3
meters of height, which in turn is composed by two panels of 20 millimeters of thickness, 0.6 meters large, and 3 meters
height, disposed radially pointing to +/- x-axis. Those two radially panels are disposed in order to reduce lateral stresses
due to high slenderness ratio, and also to serve as support for the solar arrays and instruments. Each radial panel has a
reduced cross area in order to minimize overall mass. All the structure, as MAVEN and OSIRIS-REXx, is made of aluminum
honeycomb sandwiched between graphite sheets [22]. In order to know the performance of the structure, an axial stress
analysis is made using the tool for structural analysis of Autodesk Inventor [23] with the objective of knowing the safety
factor of the structure. The critical phase where ITV is submitted to the highest stresses is at launch. For that purpose,
Table 3.11 shows the mass budget of the ITV. Additionally, Fig. 3.9, taken from the Falcon 9 User Manual, shows the load
factors on units of gravity acceleration (g) that the payload experiments on launch. With that, a mass of 1,190 kg and an

load factor of 8.5 is taken for the analysis, showing that the structure has a minimum safety factor for axial stress of 3.91.

TABLE 3.11: ITV mass and cost budget.

Subsystem Mass (kg) Cost (M USD)

Structure 72.0 1.2
Propulsion (no fuel) 65.0 72.7
EPS 83.4 1.6
C&DH 6.6 12.8
Communications 21.2 8.9
AD&C 414 12.8
TCS 25.0 0.5
COM 108.2 0.5
EEV 153.9 -
Drymass 576.7 112.7
Fuel (xenon and hydrazine) 613.0 1.7
infrastructure and testing - 3.9
Operations - 86.3
Total 1189.7 202.9

3.54 Propulsion

Three types of propulsion systems are considered: chemical, ion electric and hall effect thrusters. Chemical propulsion was
discarded from an early stage due to the low payload ratio that translate in a higher mass consume. The propellant mass
represents about 110 of dry mass in interplanetary missions. A similar scenario is presented with hall effect propulsion.
Instead the hall effect propulsion generates higher thrust than ion electric propulsion, the low specific impulse reduces the

payload ratio significantly. For all these reasons the ion thruster was selected as the I'TV’s main propulsion system.
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FIGURE 3.9: Falcon 9 load factors.

There are many options of ion electric propulsion that can be considered to the mission. NSTAR is one of the most
popular ionic thrusters because Dawn and Deep space 1 missions. It presents a specific impulse of 3100 s. Another recent
thruster is the Qinetiq-T6 which is used in Bepicolombo mission. It can perform a specific impulse over 4000 s. Other
thrusters like NEXT was directly discarded due to its low specific impulse reducing the payload ratio and increase fuel
consume. Qinetig-T6 was selected because its highest payload ratio and specific impulse that reduces fuel mass significantly.

The configuration of the propulsion system is similar than used in BepiColombo mission. I'TV will use two thrusters to
generate a maximum thrust of 290 mN. The maximum specific impulse is about 4,600 seconds and the combinate power

operating range is between 5 and 9.2 kW. The mass and radius of each thruster are 8.9 kg and 22 cm [24].

3.5.5 Attitude Determination and Control (AD&C)

The attitude determination and control subsystem is responsible of the ITV 3-axis stabilization knowledge and correction.
The sensors used to determine the spacecraft spatial orientation are 4 SELEX-EX A-STR star trackers, used in multiple
mission such as Lunar Reconnaissance Orbiter (LRO), mission which least more than 11 years; 2 ACSS Advanced Coarse
Sun Sensor sun trackers, built by Solar MEMS Technologies, which has been proven and has a TRL of 9; and the Northrop
Grumman LN-200s FOG IMU [22, 23, 25, 26]. The attitude accuracy of the A-STR star tracker is 3.6 arcseconds at
the beginning of mission, satisfying the 6 arcsecond requirement of JPL’s orbiter concept [27]. The ACSS sun tracker is
necessary for the continuous and correct solar arrays pointing towards sun. The accuracy of these sensors are less than
0.5 degrees, under the JPL’s requirement. Finally, the LN-200 IMU is employed as a redundant sensor in the emergency
situations where the star trackers are unable to determine the attitude state of the ITV and the sun tracker is at Mars

orbit eclipse zone.
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In order to achieve the control of the ITV systems requiring addressing, such as communication system or solar arrays, it
is necessary to have an AD&C system. The possible options are thrusters, reaction wheels and control mounted gyroscopes.
Reaction wheels and control mounted gyroscopes are used to change the ITV’s axis direction and the thrusters are used
to do an impulsive maneuver in any of the ITV’s axis. Reaction wheels are selected over control mounted gyroscopes
because there are more options on the market. Moreover, reaction wheels are less mechanically complex and much simpler
operational compared to gyroscopes [28]. Comparison between more common aerospace reaction wheels is shown in Table
3.12. Both Collins Aerospace RSI 45 and RSI 12 generate the momentum necessary to keep the direction of ITV in any of
the mission maneuvers. However, RSI 12 reaction wheel was selected due to its less mass, sacrificing effect time, which is
compensated with the low thrust thrusters in order to have an coupled system [29].

TABLE 3.12: Reaction wheels comparison.

Reference Power (W) Mass (kg) Momentum (Nms) Torque (mNm)
RSI 45 90 7.7 45 75
RSI 12 90 4.85 12 75

On the other hand, thrusters are the only method capable of doing translation and rotation movements in any axis of
the ITV. For that reason, these serves for trajectory correction maneuvers in a short time that ion electric propulsion is
not able to do. Also, thrusters play an important role in the catching phase, since they allow a fast radius or inclination
changes of the orbit of the ITV. Table 3.13 shows a comparison between the three more known space thrusters. Aerojet
Rocketdyne MR-~103D was selected in view of the fact that it has significantly lower mass and power against the other
options [30].

TABLE 3.13: Thrusters comparison.

Reference Power (W) Mass (kg) Propellant Thrust (N) ISP (s)

MR-401 11.95 0.6 Hydrazine 0.09 180
MR-103D 8.25 0.33 Hydrazine 1.02 224
MR-107S 34.8 1.01 Hydrazine 360 225

3.5.6 Communications

Communication requirements for the orbiter are based on the needs contemplated for this mission, focusing on commu-
nication between the orbiter and Earth, and communication between the orbiter and elements on the surface of Mars.
Earth Communications will use a High Gain Antenna, 2,100 mm X-Band with a dual axis mechanism and a Low Gain
omnidirectional antenna for communications in close distance to Earth . These communications will be integrated with
two Bosch Traveling Wave Tube Amplifier (TWTA) [31] that will provide 100 Watts to the High and Low Gain antennas
as required. In addition, there will be two General Dynamics Small Deep-Space transponders (SDST) [32] designed by JPL

specifically for deep space probes. All communication to and from Earth for the orbiter will be carried out by NASA’s
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Deep Space Network (DSN). As such, we conclude that all the chosen equipment is compatible with transmission and
reception of signals through this network. In assessing the risks for these kinds of mission it is important to incorporate
redundancy in the systems. The equipment mentioned before is to be doubled to assure redundancy. The DSN consists
of three equidistant stations, located at approximately 120° long over the Earth. The sites are in California, Madrid, and
Canberra [33]. This location allows an ITV continuous communications coverage, which was confirmed by an access report
done in STK. In Fig. 3.10 shows how the communications with Earth are constant with a mean duration of 3000 seconds

and a waiting time of 50 minutes between every access.
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FIGURE 3.10: ITV communication access with Earth DSN.

FIGURE 3.11: Communication overview between the DSN and a relay station and communication between
the rover and the ITV.

As for communication between elements on the surface of Mars and the ITV, the UHF band will be used via the Electra
transponder, with a quadrifilar helix antenna, that will be in contact with the rover’s Electra Lite. A distance analysis
of these communications was performed on STK allowing a maximum range of 1600 km between I'TV and mars Rover as

shown in Fig. 3.12.
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FIGURE 3.12: Maximum communication range between the ITV and rover.

The total mass and power budget required is 21.2 kg and 492.6 W respectively for communications can be found on
Table 3.14:

TABLE 3.14: ITV communication bands and components.

ITV X- band communications

Element Reference Size Mass (kg) Power (W)
Amplifier Bosch Travelling Wave Tube Amplifier 375L x72 W @ 110 (mm) 1.1X2 396
Transmitter Small Deep-Space Transponder 181Lx16.6 Wx114H (cm) 3.2X2 15.8
Antenna Parabolic 21m @ 5 -

Antenna Low Gain omnidirectional Antenna - 2.5 -

ITV UHF communications

Tranceiver Electra 21.7L,20.1 W, 11.6 H (cm) 5 65
Antenna Quadrifilar helix 5cm @ 0.1 -

Total 21.2 492.6

The characteristics for transmitting and receiving data from each of the antennas used are presented in Table 3.15. The
uplink data rate from Mars operations is 5 Mbps and 200 kbps for the downlink data rate to Earth using a 2100 mm high

gain antenna.

TABLE 3.15: Data Transmission and Reception specifications.

X-band antenna

Size (m) 2.1
Frequency (GHz) 8.4
Data rate (kb/s) 200

Polarization Right Hand Circular
UHF antenna
Size (m) 0.05

Frequency (GHz) 0.45
Data rate (Mb/s) 2
Polarization Right Hand Circular
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3.5.7 Command and Data Handling (C&DH)

The Command and Data Handling subsystem for the ITV is controlled by the BAE RAD750 processor, which works at
frequencies between 133 and 166 MHz and has been produced in order to resist the high radiation conditions in space.
This processor has been employed in various successful missions, such as Mars Recognisance Orbiter (MRO) and MAVEN,
missions that have lasted more than 14 and 6 years respectively, proving a TRL of 9. The RAD750 coupled with the 6U
CompactPCI computer provide the main brain of the ITV, where all data and instructions are processed. Added to the
processor and computer, the 197A807 PROM will serve as a redundant memory for the data collected [34, 35, 36]. Table

3.16 shows power requirements and mass for each component.

TABLE 3.16: Command and Data Handling power and mass budget.

Component Power (W) Mass (kg)
BAE RAD?750 processor 10
CompactPCI computer 7.5 0.92
197A807 5V PROM 0.25 5.67
Total 17.75 6.59

3.5.8 Electrical Power Subsystem (EPS)

The Electrical Power Subsystem (EPS) consists of two gimbaled arrays with two EaglePicher SAR-10197 Lithium Ion
batteries (one redundant). The solar arrays have a similar design to MRO’s. Fixed solar arrays were also consider, but
rendezvous maneuvers and communications required a constant energy supply, also making AD&C system less sturdy and
less expensive. Nickel Hydrogen and Nickel Cadmium batteries were considered, nevertheless Li-ion batteries technology
offers a significant energy density advantage, in this case 104.3 W-hr/kg, and also providing a much wider operating
temperature range (-5 to 35 °C). RTGs energy generation were also consider, but due to their high mass (38 kg) and having
high power capacities, it excesses the ITV requirements. Additionally, taking into account that the ITV will have an Earth
reentry and burn up at return, using RT'Gs were forbidden for the ITV mission due to it would contaminate the Earth
atmosphere with nuclear material [37, 38, 39].

Table 3.17 shows the components and total power needed for the ITV operations. With the aim of knowing the arrays
area needed to supply the components and keep the ITV operative, an analysis is made using sunlight and eclipse time
periods and electrical power. Such procedure is driven by the Space Mission Design and Analysis recommendations [3].
Taking into account that the electrical power needed at sunlight intervals will be the entire components, and at eclipse
intervals will be just the necessary power needed for correct operation (around 500 W), a solar arrays area of 65.3 m? is

necessary using the Spectrolab 30.7% XTJ Prime solar cells. This type of solar cells were selected due to its high efficiency
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TABLE 3.17: ITV Total power budget.

[tem Power (W)
Propulsion 9,256
C&DH 7.7
AD&C 259.6
Thermal control 300
Communications 492.6
Payload 86
Total 10,400.9

at Beginning of Life (BOL) and a low degradation grade, being a value of 0.01 for the mission time [40]. The XTJ cells

have a cell mass of 84 mg/cm?, thus total solar arrays mass is around 60 kg.

3.5.9 Thermal Control System (TCS)

In order to sustain operational conditions, the ITV must have an independent Thermal Control System (TCS) that complies
with the requirements shown in the Table 3.18.

TABLE 3.18: ITV Temperature Ranges.

Component Operational Range (°C) Survival Range (°C)
Batteries -5to 35 -15 to 40
AD&C 0to 40 -10 to 50
C&DH -20 to 60 -40 to 75
Thrusters, propellant and lines 15 to 40 5to 50
Antennas -100 to 100 -120 to 120
Structure -45 to 65

According to that requirements, a heating transfer analysis is done following the procedure given by the SMAD book,
S0 as to achieve maintaining the ITV on a 15 °C temperature, value where every component remains on an operable state.
Taking into account that the main way of heating transfer at space is radiation, Stefan Boltzmann Law is used. Two cases
are consider: in order to know the isolation material for the ITV panels and the radiators area, a Worst Case Hot (WCH)
is considered, where main engine and electronics are operating at sunlight, on Mars polar orbit; in the other hand, in order
to obtain the power of the heating patches, the Worst Case Cold (WCC) scenario is considered, where just the necessary
electronics are operating and the ITV is on Mars orbit eclipse.

At WCH, the electronics and propulsion waste heat due to inefficiencies in power conversion and transmission is consider
to be 20% (around 2 kW) of the total EPS power [41]. Fig. 3.13 shows the ITV attitude at WCH, where - y-axis is pointing
towards sun, having the incident solar flux on a projected area of 7.5 m2. This ITV attitude also makes radiators to be
at +/- x-axis, so radiators do not have incident solar flux. Considering a Mars albedo of 0.25 [42], the isolation material

selected is the Multilayer Kapton, which has a a,s of 0.09 and a ejg of 0.15 [41]. Additionally, the radiators area needed to
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exhaust the waste heat is 3.12 m2. At WCC, the waste heat by electronics is considered to be 5% of the total EPS power
(0.52 kW). With that, heaters must exhaust around 290 W to components in order to have a 15 °C temperature.

Additionally to the radiators and heaters, the ITV must provide thermal protection to the OS in order to keep the ice
core samples below the MPW. For that, the ITV must contain a MPFL which will be in contact with the catching system.
With that requirement and assuming a WCH, the minimum power MPFL must transmit to the OS is 9 W.

Having all the above, Table 3.19 shows the TCS power requirements and its respective mass.

Solar incidence

FIGURE 3.13: ITV attitude at WCH.

TABLE 3.19: Thermal control system total power requirement.

Component Power (W) Mass (kg)
Heaters and Radiators 290 0.2
MPFL 30 15
Total 320 15.2

3.5.10 On-Orbit Sample Capture and Orient System

The main function of the capture and orient module (COM) is to catch the OS and transfer it to the EEV, and also providing
Planetary Protection. According to JPL, ”"Several OS capture systems for MSR has been studied... ... COM concept was
selected because of its improvements on interfacing phases and achieving different goals compared to the concepts studied
before” [10]. Those goals are the need of orienting the OS and to perform capture before contact. Orientation goal was
a determinative characteristic due to the shape of the OS is cylindrical instead of spherical. The COM concept has been
developed at half and full-scale in order to validate its architecture, but it has not been applied to a real mission, leading

the COM to a TRL of 5.
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0.81m

139m

FIGURE 3.14: COM primary dimensions.

FIGURE 3.15: COM operational concept.

As seen in Fig. 3.14, the COM is 1.39 meters of large, 0.81 meters of height and 0.95 meters of width. It counts with
a lid through where the OS enters. The COM firstly detects the OS by the use of the the Next Generation Advanced
Video Guidance Sensor (NGAVGS), which is a LIDAR sensor [43], and then achieves capture without contact on its
diverging-converging cylinder work space with multiple cameras disposed around the structure of the COM. Then, a transfer
mechanism cages and transfer the OS into the orientation mechanism, which centers the OS to the desired orientation in
two rotational degrees of freedom. After that, transfer mechanism enclosures the OS with a containment vessel (CV) in
order to have a correct attachment and mechanical protection with the Earth Entry Vehicle (EEV). Fig. 3.15 shows the
COM operational concept described [44].

The transfer mechanism plays an important role since it has to maintain the OS on the desirable conditions, it is keeping
the OS on temperatures below zero °C. For that, transfer mechanism must count with a MPFL which is in contact with the
OS extracting the heating waste generated by the gradient of temperature between the ITV and the COM. This contact
will remain until reentry operations begin, in order to maintain the desired conditions to the OS on the entire return flight.

Placed at the + y-axis panel of the ITV, the lid of the COM is + z-axis directed in order to avoid main engine plume
and heating waste. This configuration is possible taking into account that the EDL will not be attached to the + y-axis
panel during rendezvous with the OS. COM concept complies with the desirable requirements, having a total mass of 108.3

with the instruments required for its operation, which in turn need a total power of 84 W.
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4 Mars Surface Operations

4.1 Entry, Descent and Landing

Once the capsule reaches the Martian orbit, it is necessary to execute
an entrance maneuver, followed by the breaking assisted by the atmo- i, L
sphere, using a heat-shield and then a supersonic parachute; when the
speed is slow enough begins to operate the landing stage, in this case
a SkyCrane modification. This procedure is called Entry Descent and 0 deg ’\Q
Landing (EDL).

45m

1.126m —|

4.1.1 Aeroshell

Since the Viking missions the materials and geometry of the Aeroshell

for the Martian EDL systems have been very similar resulting from the | fE,
high performance reliability they have proved. For this case, the main FIGURE 4.1: MSL Aeroshell Measures.
restrictions were the volume the capsule is able carry, the diameter for

the heat-shield (so it can suit in the launching rocket) and the geometry,

so the MAV can fit inside of it.

The Aeroshell used in the MSL and Mars 2020 missions satisfy these necessities, given its reliability and high TRL, it
was chosen. As seen in Fig. 4.1 the MSL aeroshell has a 4.5 m diameter for the heat-shield on a 70 degree sphere-cone
[45]. For hypersonic descent, and with a zero angle of attack (the worst setting possible) it has a Drag Coefficient Cp of
approximately 1.68 [46].

The heatshield thermal protection system is made of phenolic impregnated carbon ablator, and the back shell uses
an ablative material called SLA-561V [45], which does not need to be modified. As well as the thermal protection, the
instrumentation would remain the same as in the original design. There are some approximated constrains that relate the
mass with the possible landing site. As seen in the Table 4.1 for a MOLA elevation of -2.0 km and a mass of 1000 kg there
is a maximum hyper-sonic ballistic coefficient () of 160 kg/m2 [46]. The parachute will retain geometry and dimensions
of the one used in Mars2020, the Supersonic Disk-Gap-B and Parachute made of Nylon and Kevlar Web, with 21.5 m

diameter, that allows deploy at a maximum speed of approximately Mach 2.7.
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TABLE 4.1: Approximate landed mass constraint as a function of elevation [46].

Surface elevation, Maximum Landed mass for 2.65-m-diam Landed mass for 4.5-m-diam

MOLA km B, kg/m*  aeroshell aeroshell
2.0 160 350 1000

0.0 135 300 850

+2.0 115 250 750

The B can relate when the parachute is deployed, and with a lower  the system will have a lower peak heat rate. For a
entry mass of approximately 2,700 kg, a Cp of 1.68 and an area of 15.9 m?, the B value is 101.01 kg/mz; this considering

the MOLA elevation of 4.0 km of the landing site, indicates that the system complies the requirements and it is safe.

m

p= CpA (4.1)

For an atmosphere entry speed of 6km/s and a Lift-to-Drag ratio of 0.18, using Eq. (4.1) it can be estimated the

altitude deploy between 10 km to 15 km, altitude enough for the require deceleration.
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FIGURE 4.2: Trajectory profile of MSL EDL.[46]

4.2 Modified Skycrane Lander Descent Stage

As mentioned in EDL section one of the main restrictions was the touchdown mass capability for different existing Landing
technologies, being SkyCrane used in MSL and Mars 2020 missions the most capable over configurations as Retrorockets or

Airbags. Due to the high mass needs of the mission and having TRL as a constrain, three lander concepts were studied: A
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FIGURE 4.3: Lander on mars surface.

Propulsive Platform Lander (PPL), a Sky Crane Delivered Lander (SDL) and a modified sky crane. The sample retrieval
lander must land on Mars, deploy the Sample Rover and maintain the MAV within safe operating conditions, including
temperatures, while the rover retrieves the mission sample tubes. Once the rover returns with the tubes the following
operations would be conducted: transfer tubes to the OS in the MAV Payload Assembly (MPA), using the Sample Transfer
Arm (STA), assemble the MPA to the MAV, prepare the MAV for launch (heat to operational temperatures and erect);
and execute the MAV launch. The launch sequence would be coordinated between the Earth Return Orbiter (ERO) and

ground control and will include the capability for launch abort and retry.

Must keep MAV at AFT and electronics at
operational

Must position the rover softly and safely on
*|mars surface

Designed legs shall allow sky
crane based lander to land on
mars surface

\

Must land softly on mars surface

Shall orient itself and optimize
amizuth angle

_ [Must provide required energy demand to all
" |subsystems

Lander Requirements
|

Must withstand low temperatures and
survive near north pole mars spring

\

Must assist MAV with GNC initial state
knowledge

FIGURE 4.4: Lander Requirements.

As seen in Fig. 4.3, the lander consists of a sky crane that was refurbished to be able to land on mars instead to fly

away and crash. this concept was chosen considering cost, landed mass capabilities and packaging and complexity. These
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TABLE 4.2: Lander qualitative assessment matrix.

Options Cost Development time Accommodation issue Volume packaging

Modified Sky Crane Moderate
SDL Moderate Moderate
PPL Moderate

modified sky crane as acting as lander will be responsible for placing the rover on mars surface the same way as with the
original sky crane, collect and provide energy for the MAV thermal control and avionics using a solar array, prepare the
MAY for launch (heat to operational temperatures and erect), provide MAV with initial knowledge and assist MAV launch.
The launch sequence would be coordinated between the ERO and ground control and will include the capability for launch

abort and retry.

4.2.1 Lander Selection

Most of the entry, descent and landing technology is common to the three options
and is based on mars science laboratory and mars 2020. The key drivers for the
selection of the lander are cost, landed mass and packaging as well as common key
elements common to every option such as accommodation of the MAV and the rover.
PPL and SDL utilize a slightly larger, 4.7m spherical heatshield. Although it has
been used in previous Mars landers [47] this presents issues with the space available

in the Falcon 9 rocket used for launch. Likewise, this provides significant additional

volume inside the aeroshell that is critical to accommodate the Lander payloads.

FIGURE 4.5: Photography of original sky
crane used in the MSL. The PPL concept employs an EDL more similar to Viking or INSIGHT, using the

descent and landing propulsion elements from Mars 2020, as part of the platform
itself. However, both concepts present problems with MAV and rover accommodation considering that the mission will
not use a small fetch rover but rather a considerably larger rover. These two concepts also present cost and packaging
inside the EDL capsule issues. On the other hand, the third option, the modified sky crane consists of accommodating the
MAV inside the sky crane structure and the rover below just like the MSL and perseverance rovers. This option has the
advantage of low cost as there is no need to make all its development and testing considering that a big part of the vehicle
is already proven functional and requires minor changes. However, despite being low cost and solving the MAV and rover

accommodation, this option presents packaging issues. A qualitative assessment matrix is shown in Table 4.2.

4.2.2 Structural Design
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Comparing the modified sky crane with the original shown

in Fig. 4.6. it can be appreciated that the structural de-
b Rearranged hydrazine

sign needed different propellant tanks accommodation, lay S 4 tank _—

a platform in the middle of the system to accommodate the
MAYV, added landing legs and studies to find whether the
structure could still withstand EDL loads. Initial studies
showed issues packaging inside aeroshell.

First, it is important that the rearrange of propellant
tanks does not affect the skycrane center of mass and thus

FIGURE 4.6: Original sky crane design viewed from below.

the stability. In the original design, the tanks are arranged
as shown in Fig. 4.5. The three hydrazine tanks have a triangular arrange while the two smaller helium tanks are
accommodated on both sides for static stability. It was needed that the hydrazine tank on the sensor slot was removed for
MAV platform clearance. The solution found for this matter was to divide the hydrazine tank into two smaller tanks and
take advantage of the space found in the helium tanks slots. This way there was no need of removing the tank from the
equilibrium plane it was before.

Considering the MSL and perseverance missions, the sky crane is attached to the back shell the sky crane top structure

leaves little to no space on the back shell, as can be seen in Fig. 4.6.

w
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FIGURE 4.8: Modified sky crane and back-
FIGURE 4.7: Original sky crane and back- shell interface.
shell interface.

This does not allow the MAV to fit inside the aeroshell, making it necessary to lower the sky crane in height. For this,
the proposed design consists of 4 vertical beams that accomplish the job of lock the sky crane and make it still for the
journey and EDL stage. The interface between sky crane and back shell is the same, the difference is that in order to lower
the sky crane and allow the MAV to fit into the aeroshell, the original grips were elongated vertically, as shown in Fig. 4.7.

To assess the viability of this solution, simulations were carried out using Autodesk Fusion 360 simulation environment.
The bigger stress suffered in the sky crane grips happens when the parachute is fully opened, provoking a huge deceleration,
and thus transmitting that force to the grips. The dynamic pressure exerted on the parachute at that time is 570 Pa,

the parachute diameter is 19.7 meters [48] and the drag coefficient for a shaped body like the MSL parachute is 0.64
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approximately. the force subjected on the grips could be found with the drag equation Fp = PpCpA, where Fp is drag
force, Pp dynamic pressure, Cp drag coefficient and A the cross area.
Using the event simulation environment, which dynamically simu-
lates the event, it was found that the structural beams resisted the loads
acting upon them during descent stage and that Von Misses stress is low,

as shown in Fig. 4.9.

Finally, the upper hexagonal structure encloses the igloo as shown

.— 159617 Mas

Stress v
& 4

in Fig. 4.8 when the MAV is to be erected, this structure must be

removed out for erection clearance. The solution found was to use well

09512

known technology pyrotechnic bolts and a simple signal sent from lander

avionic would blow the bolts and set free this hexagonal structure. l v

FIGURE 4.9: Beams stress simulation from Fusion 360.

4.2.3 Lander Legs

To understand the landing dynamics of a lander on mars, it is important
to find out more about the past missions to the moon as well as other landers which had made it successfully to other
planets. Landing systems used in these landers were reviewed and reusability of shock absorbers was investigated.

The Viking 1 lander was the first spacecraft to achieve soft landing successfully on Mars’s surface as part of the NASA
Viking program in 1976. The landing system had a system which included a main strut assembly, secondary struts assembly
and a footpad for each leg. The main strut assembly contained five stages of crushable honeycomb tube core for main energy
absorption. The secondary strut inboard ends were attached to load limiters which deformed upon reaching the designed
limit load to protect the main body structure and onboard electronics components [49].

Landers after Viking have used a similar approach with crushable material as attenuator. However, considering the
capabilities of the sky crane and a considerably high weight on the modified sky crane (1.3 tons), utilizing the historical
approach was discarded given that the legs would need to be substantially large considering the few available space on the
aeroshell capsule and that all crushable bumper landers having aluminum honeycomb, foam plastic, airbags, and crushable
carbon fibers present this issue.

In response to that, a novel approach for the lander legs was required. Different options were identified such as Metal
Bellows Shock Absorber [50], electromagnetic absorber [51], electromechanical absorber [52], and novel hydraulic absorber
[53]. All options but hydraulic absorber are shown in Fig. 4.10.

To evaluate these options, extensive literature review was made, and advantages and disadvantages identified are pre-

sented in Table 4.3.
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FIGURE 4.10: Novel approach for the lander legs: a) honeycomb crushabe element b) metal Bellows shock
absorber c) electromagnetic absorber d) electromechanical absorber [53].

Looking at table 4.3 it can be seen than despite some interesting advantages like relative low mass and operations at
cryogenic conditions, the most important advantages are found in the novel hydraulic absorber and thus this concept was
selected to be incorporated in the modified sky crane lander legs.

The chosen option consists of eight landing legs in both inner square lines. Each leg comprising of primary attenuator
with a spring-damper and secondary attenuator with a hydraulic damper. The primary attenuator incorporates a spring
holder and a helical compression spring as well as a secondary attenuator incorporates a hydraulic cylinder and a piston
rod. Total setup is confined within a retractable cylinder which completes the entire lander leg setup [53].

During the landing phase, after the halt of retrorockets, the lander gets dropped from 7.5 to 5 m, and the lander contacts
the ground from a vertical direction. It gets subjected to vertical impact now the spring damper inside primary attenuator
starts working and gets pressed downwards. The maximum impact gets absorbed by the spring. After a short layoff,
it transfers the same energy to a secondary attenuator, obeying newton’s second law. Secondary attenuator encounters
maximum impact which in turn makes its piston to move upwards so that the hydraulic damper can dissipate maximal

impact [53].

424 Lander Systems
Power

For power supply, solar arrays and RTG were considered. The solar array consists of one 6.2 meters deployed ultra-flex
GaAs solar panel similar to that used on the phoenix mission with two 50 A-Hr Li-Ion batteries with 900 Wh per sol [54]
available for all subsystems. On the other hand, there is a 22.5 kg, 1330 Wh per sol RTG unit.

Comparing these two options, even if lighter, RT'G was a an over-engineered option for lander requirements as it can

be seen at table 4.5. The solar array provides enough energy for the lander power requirements at spring, just as Phoenix
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TABLE 4.3: Landing legs option analysis.

(c?.(l))rtlls(;g:re d Advantages Disadvantages
: . Less effective means of energy

Withstand harsh environments. absorption as compared to the

Metal Bellows Designed to operate at cryogenic P P
2. honeycomb absorbers.

Shock Absorber conditions. d - .

Relatively low mass Requires similar space as with

crusable method.

. NO hyd.rauhc or pneumatic system The use of magnets and coils add
Electromagnetic is required. a considerable amount of mass to
Absorber Reusable shock absorber in space

applications the shock absorber.
Electromechanical Can be resettable Substantially complex. Adds
Absorber conserable mass.
Commercial-Off-The-Shelf componets.
Safe and large scale mass landings on
Novel Hvdraulic the surface of Mars. More components are needed than
Absorbef Compatible with available volume inside  crushable technology.
aeroshell. More weight that traditional approach.

Works well with verticcal landing.
Good shock absorption

solar array did. Finally, although safe as described bellow at section 4.2.6, RT'G represents a bigger risk to the mission than

a solar array, and already one RTG is being sent in the same EDL.

Considering these reasons, the solar array was selected as power supply for the lander.

Erection Mechanism

FIGURE 4.11: Erection Mechanism.

The elevation mechanism shown in Fig. 4.11, consists of a 1-axis rotator, similar to that used by the MER lander [56],

two linear actuators and two sliders in the platform to allow free displacement of the igloo while the erecting process takes

effect. In this configuration, the system can expand and contract thermally without inducing unintended clamping loads

on the bearings.
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TABLE 4.4: Erection mechanism estimation characteristics [55]

Parameter Value

Torque (Nm) 3,000
Mass (kg) 30
Range (deg) 90
Power (W) 75
Actuation time (min) 20

Regarding the erection system, the erector pivot transfers the loads from the MAV to erector, with no load transfer or
sharing to the launch tube. It connects the primary actuator to the MAV, while the lineal actuators slide the MAV towards
the center. This combined movement completes the erection shown in figure 10. A pyrotechnic pin puller prevents the

MAV from sliding forward prior to elevation. Parameter values for the erection mechanism are exhibited on Table 4.4.

FIGURE 4.12: MAV erection process from stowed to erect.

4.2.5 Budget
Mass and Power Budget

To corroborate whether the solar array was enough for all lander subsystems, calculations regarding battery charge cycles
were made and it was found that on idle mode, for the battery to reach critical power level, it would take approximately

14.8 hours and 8.7 hours to be fully charged.

Cost Budget

In the first instance, only the costs related to the sub-systems were estimated as shown in Table 4.5. Consequently, the
costs related to the operating and ground systems, integration and testing, planetary protection were estimated to obtain

a total cost as shown in the Table 4.6.

4.3 Surface Vehicle. Rover - Technology Offset
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TABLE 4.5: Lander mass and power budget estimation.

Average

Normal-

MAV

System Element 1}’1l(ags]s ~Power IDLE lifting :;)ailzd i};rg% g)o;n I:III‘ ) (Cl\(/)IsItJSSD)
(W) (24h) (0.33 Hr)

Payload 385.0 15.0 12.0 12.0 12.0 12.0 -

MAV 300.0 - - - - - -

MAV support 85.0 - - - - - -

Avionics 27.8 10.0 10.0 10.0 10.0 10.0

ommand w0 - _ _ _ o 123

~Handling

Power control 6.6 - - - - -

Power distribution 12.6 - - - - -

Pyro switches 4.6 - - - - -

Telecommunications 3.8 65.0 - - - 65.0 738

UHF hardware 3.8 - - - - -

Power 28.0 82.0 - - - - 193

Solar array 15.0 - - - - -

Battery 13.1 - - - - - -

Thermal control 19.0 36.0 36.0 36.0 36.0 36.0 1.36

Attitude control 46.0 334.0 - - 334.0 - 16

Mecanical 306.6 75.0 - 75.0 - - 6.91

Structure 286.6 - - - - -

Mechanisms 20.0 - - - - - 3.03

Cabling 25.7 - - - - - 5.09

Propulsion 480.0 - - - - -

Dry mass 190.0 - - - - - 2676

Wet mass 290.0 - - - - -

Total 1321.9 208.0 58.0 133.0 392.0 123.06 83,06
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TABLE 4.6: Total lander cost budget estimation.

Description Costs (M USD)
Ground operations 20.79
Integration and test 24.21
Ground systems 39.65
Planetary Protection 23.48
S:;tsotal subsystems 83.06
Total 191.19

4.3.1 System Overview

Rover- Technology Offset (Rover-TO) stands for the use of combined heritage technologies with the intention of amplifying
its reach to that of the mission. Key factor of the selection of this technologies was the stability of the rover during operations
while allowing a lighter design, reducing the traditional landed mass in comparison with the occupied volume and for this,
offering an increase on operational capabilities to those of handling the Auto-Gopher II drill, as will be discussed at section
4.4.

The rover programmed for 7 modes of power operation: Drilling and sampling, geophysics studies, two communications
and data handling modes, regular field traversing, charging mode (idle mode) and secondary mission mode. In the following

sections a deepening on this topics will be performed.

4.3.2 Requirements

Following RFP requirements, Rover-TO was design to fulfill:
1. Being an autonomous system capable of performing drilling operations on mars surface with the express purpose of

retrieving ice cores.
2. Storing the ice cores in a frozen state during surface operations.
3. Maximize the data return within cost and schedule constraints.

To fulfill those requirements Rover-T'O has been design to withstand Auto-Gopher’s size and mass with an effective mass
dsitribution. For reaching this size and this low mass Rover-TO was inspired on Rosalind Franklin rover, a very light and
spacious design. Also Rover-TO had to have at least the power of MSL class rovers to power the drill [57]. To achieve
effective sample conservation, Rover-TO had to be designed with an active thermal system capable of both, heat and freeze.

RIPAS reliable and capable technology from MSL class rovers was taken for this matter. Finally, to maximize data return,
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Rover-TO will make use of the deep drilling capabilities of Auto-Gopher II and reach beyond 6 mts of depth into the ice
table at phoenix landing site, limit established by curiosity’s team in which life could survive to radiation, allowing this
mission, for once and for all, to determinate if life has survived mars surface radiation by hiding in the depths of the ground,
[68]. Also, a secondary lasta mission is proposed for Rover-TO. After finishing primary mission operations by delivering
the sample canister to MAV startin MSR mission sequence, Rover-TO will travel to where remains of Phoenix lander are,
and there it will inspect for the results on Planetary protection donde on Phoenix by searching for signs of life.

Besides this general requirements some specific requirements thought for the mission of the rover were condensed on

| e

Fig. 4.13.

FIGURE 4.13: Surface Vehicle Requirements.

4.3.3 Instrumentation

Being drilling and sampling its primary mission, Rover-TO was focused on this operations based on automated hardware,
leaving the necessity for instrumentation to only three science payload instruments: The one chosen for geophysics studies,
RIMFAX, the one suited for temperature, pressure and air speed measurements, REMS, and the one capable of detecting

life signs, SHERLOC.
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FIGURE 4.14: Instrumentation and avionics inside WEB. Notice the center of mass of the instruments, its
stability determined the dimensions and shape of the WEB. RIMFAX main instrumentation chosen for this
mission, corresponds to the golden rectangular box.

TABLE 4.7: Trade Study for Ground Penetrating Radar.

Estimated Cost Depth Range

Alternatives  Mass [Kg] Dimensions [mm] [M USD] [m] -
Weight 0,2 0,1 03 0,4 AHP
145x163x55 (WEU)
WISDOM  (WEU) 0,811 410x200x180 (WAA) 0,9850 2-3 0,3935
DAN 21 204x61x212 2,9234 1 0,1688
RIMFAX 3 196x120x66 3,0887 10 0,4353

About RIMFAX

The Radar Imager for Mars’ subsurFAce eXperiment (RIMFAX), mission’s main instrumentation, is in charge of the
geophysical study that will find the best spot for drilling. It was selected based on a trade study between 3 instruments
that have been deployed or are currently being deployed on Mars missions: ESA’s WISDOM, NASA’s RIMFAX, Roscosmos’
DAN, and CNSA’s. The features compared can be found at Table 4.7. RIMFAX is an ultra-wideband design GPR, which
can provides a vertical resolution of 14.2 cm in free space and a depth range of 10 m perfect for the needed depth of 6
m[59]. the radar generates radio frequency electromagnetic waves that penetrate the subsurface. The dielectric properties
of the subsurface materials cause the reflection of part of the propagated wave back to the antenna, allowing to verify the
composition below the surface [60]. The RIMFAX, has a mass of 3 kg and can operate while the rover is in motion at speeds
of 80 and 150 m/h [61] consuming 10W of power. Typical sweep time over the full bandwidth is between 1 and 20 ms [59],
depending on the mode of operation. It should be should be noted that RIMFAX was designed with the same concept as
WISDOM [62], both developed by Dr. Svine-Erik Hamran, which gives a possible innovation advantage to RIMFAX.
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About REMS

For the environmental monitoring station, the team implemented REMS station from Curiosity rover. The sensor array
allows simultaneous data acquisition of UV irradiance, pressure, wind speed, humidity, and atmospheric and surface tem-
perature[63]. This station, with a total mass of 2.04 kg, is designed to survive a temperature range of -130 °C to +70 °C
falling inside the range of expected temperatures at Phoenix landing site. This power consumption will depend on REMS
activity and ambient temperature [63], staying at an average of 9.5 W.

The station consist of 4 units; Boom 1, Boom 2, Ultra-
violet Sensor (UVS) and Instrument Control Unit (ICU).
The booms and UVS are located on the table of Rover-TO,
as show in Fig. 4.15 and the ICU pressure sensor is located
inside the rover.

The trades considered for the selection of REMS fol-
lowed the backgrounds of the environmental sensors sent to
Mars by NASA. The trades were done over REMS, MEDA

from Perseverance, and MET from Phoenix Lander, being

the last one the most favored at the beginning due to its
FIGURE 4.15: REMS’ Booms Location. Inside Red Circles. reliability on Phoenix landing site. But it came with time

to be a knowledge of the team that the barometric and ther-

mometric technology of MET was still part of the REMS and even MEDA. The main difference consisted of the wind speed
sensor of MET, which came to be more complex [64] than the booms because of its moving parts. The selection of REMS
over MEDA had to do with additional capabilities MEDA had over REMS that were not key requirements for the mission

and added complexity, mass and power to the overall budget.

About SHERLOC

The Scanning Habitable Environments with Raman & Luminescence for Organics & Chemicals instrument, uses spec-
troscopy, UV lasers and cameras to detect organic molecules belonging to past or present life. It weights 5.16 kg and takes
a total power of 48.8 W when operating [65]. The system is necessary to perform the secondary mission operations and will
be a key part of the additional scientific information in the sample extraction process, where it will measure the contents
of organics inside the deep ground ice, where it is possible that radiation has not prevented the presence of life.

The trade was done over the newest technologies in life detecting on Mars surface: SHERLOC, PIXL, Supercam,

from Perseverance rover, and MOMA from Rosalind Franklin rover. The two last ones were discarded for complexity and
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cost issues, pointing out that MOMA has to crush its samples to actually perform the study[66] which requires additional
hardware and more sealed boxes like the WEB. The other two, SHERLOC and PIXL had the advantage of being non-contact
instrumentation, allowing these can perform their respective goal without touching the analysis zone.

PIXL is lighter (2.615 kg) and certainly needs less power than SHERLOC (25 W) [67], but, although it is able to detect
signs of past life, its main focus consists in the catalogue of minerals on Mars surface. By the other hand, SHERLOC is
a more robust system with the scope of finding life signs only, consisting in an array of magnifying glasses to reach its
findigs to human eye with it’s camera, and relying on Raman Spectroscopy, the preferred method to detect sp2 ~bonded
carbonaceous materials, a pursued life detecting strategies[68] of NASA and ESA as suggested by Marshall et al. In 2014,

when planning systems that integrate into this task with MOMA, inside Rosalind Franklin rover.

4.3.4 Rover Structure

Structural design is the most significant change done over the heritage components of previous rover missions. From
down to top, the structure consists of the classical Rocker-Bogie suspension that gives more stability and higher speeds[69].
This suspension, developed in aluminium 7075, was designed in such a way it would drive with no problem through the
most tilted slopes of the Green Valley territory corresponding to Heimdall outer ejecta crater skirt (about 5 to 10° of slope)

[70]. Additional cross hill and downbhill slope angle were added to the design giving margin for unusual operations.
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FIGURE 4.17: Cross hill slope consider-
FIGURE 4.16: Downbhill slope consider- ations [70].

ations [70].

Where X; and Yy, correspond to the wheels offset form the rover chassis in x and y axles and Z. corresponds to the
longitude from the center of mass to the soil.
Equations 4.2 and 4.3 [70] determine how downhill and cross hill maximum slope angle were calculated for two case

scenarios: the first, being worst case scenario, corresponds to sample handling operation, when drill system is erected,
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FIGURE 4.18: Position of center of mass
in sample handling operations.

FIGURE 4.19: Position of center of mass
in traverse operation.

drill is raised, and arm is operating under the rover table. For this scenario the maximum Downhill slope is 24°, with a
maximum cross hill of 16°. The second case scenario is the traverse mode, when drill is in stowed position as can be seen
in Fig. 4.19. This is the best-case scenario, when the center of mass is located as low as possible, giving a downhill and

cross hill maximum of 28.662 and 20.5° respectively.

FIGURE 4.20: Calculated Rocker-Bogie

dimensions.
FIGURE 4.21: Drilling operations: Notice

primary anchor (section in blue) has al-

ready passed the level line that represents

the ground, while the drill tip just went
through the rail end.

The wheels are g400mm in diameter Aluminium 2014- T6 made, with the heritage design of MSL class rovers wheels.
New wheel concepts like the Shape Memory Alloy Tire were considered, but discarded due to the additional challenges and
possible costs a wired wheel like this could mean to planetary protection sterilization process. The general dimensions of
the calculated structure are depicted in Fig. 4.20.

An additional consideration for this suspension dimensions was the height above the ground it would give to the

downwards face of the table. The suspension was calculated to offer at least 550 mm of height above the ground so it would
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be possible for the robotic arm to perform its tasks under the table and for the drill primary anchor to easily get attached
to the ground while the drill is still safely in contact with the table and the drill rail as it is appreciated in Fig. 4.21. Also,
this height was considered so the suspension would be a structural member of the truss main frame. This decision also
determined the table-truss configuration of the rover that will be explained bellow.

On top of the suspension, an Aluminium 2014-T6 truss was designed to keep the equilibrium between the WEB and the
table. The purposed main central structure is a cantilever warren type truss. At the beginning, the lack of this technology
explicitly for this requirements on a Mars rovers needed additional insight. It was found by the team that trusses existed
inside the rover and lander chassis, for example Mars 2020 rover chassis, as seen in Fig. 4.22. It is analyzed that this inner
trusses rely on their attachment to the skin, acting as a spar web and so, dealing with shear stress as a tension field beam,
usually found in aircraft technology. Another clear example of the successful use of trusses in planetary missions is the very
Descent Stage - Skycrane this Project modified as a lander.

With the eagerness of being certain of its main functionality as a cantilever, the truss was submitted to a static load
study with Autodesk Fusion 360 simulation toolkit. The two scenarios studied were the total cantilever force exerted by
arm and drill at the same time corresponding to 500 N, and a side momentum corresponding to 500 N as seen in at Fig.
4.24a and Fig. 4.24b, throwing a Safety Factor of about 12. A second maximum load over the truss scenario, were an
overestimated load of 1,500 N was put on the structure, throwing a satisfactory 4.25 Safety Factor as seen in Fig. 4.24c
and Fig. 4.24d.

Concluding the truss description, this over-designed structure serves only as a proposition to the review board for the
use of a cantilever truss in the design, posterior optimization of the structure to narrow mass budget must be done in the

development stage of the mission.
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FIGURE 4.23: Rover-TO cantilever
truss.

FIGURE 4.22: Mars 2020 rover chassis
truss form [71].

The WEB, is a set of aluminium 2014-T6 foils that serve as rear chassis providing additional shear strength to the joint
wall in which WEB, truss and suspension join together and the center of mass oscillates.
The design continues with the honeycomb table, an imitation of the lander tablets found in heritage technology as

Phoenix, insight, Schiaparelli and Viking landers. The 5 c¢m thick honeycomb table works as Tension field beam in
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(B) Main truss stress simulation Safety Factor with maximum momentum

(A) Main truss stress simulation with maximum momentum and cantilever and cantilever force expected. Note the minimum safety factor is about 12.

force expected. Note the maximum stress corresponds to 33.32 MPa.
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(C) Main truss stress simulation with maximum momentum and cantilever (D) Main truss stress simulation Safety Factor with maximum momentum
force expected. Note the maximum stress corresponds to 34.08 MPa. and cantilever force expected. Note the minimum safety factor is about 4.25.

FIGURE 4.24: Main truss simulations.

cooperation with the main truss, distributes little mass on a sparse plane, thus giving more stability in case of torques
due to winds hitting the drill, and most important, it guards the sample collection and drilling operations systems form
radiation and sunlight.

The Auto-Gopher drill is being held by a Z axis Guide Roller Rail of Aluminium as it is found Honeybee Robotics,
company in charge of its first development stages, does generally with its drills, like for example trident drill and the ROPEC
[72, 73]. on the foot of the rail are rolled 10 meters of Vectran chord, heritage from skycrane [57] and ready for drilling
operations. The rail can be erected by a pivot system similar to the one found in the MAV at section. This system allows
for the location of the drill centrally on the table with out need of arranges that use more than one structural component
like perforation cranes. This made of the positioning the drill a key trade for the design.

Ranging from various propositions like having the very arm to manipulate the drill at one side of the deck as Mars 2020
rover concept, or having an entire crane structure like kuklos [74] lander, the trade was finally based on rover stability as
the drill alone represents approximately a 15% of its entire mass. The position of the drill had to be as close to the center
of mass as possible so the torque would be reduced only to the torques produced by the wind speed at Phoenix landing site,

of which is known may reach up to 12m/s [75], giving an overestimated value of 13.3 Nm torque using the drag coefficient
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for cylindrical bars (1.2). Compared with a maximum of 273 Nm torque estimated if the drill was to be handled by the arm
represents the less amount of torque for this model. This and the fact that the rover could be designed symmetrically, were
the reasons why the drill was put in the longitudinal axis of the vehicle and as close to the the center of mass as possible
that, with the fact that the drill will have only 1 degree of motion during drilling operations, prevents structural torques
to happen besides the very low one produced by the fastest speed on Phoenix landing site, of which there are only records
of it happening at daylight while the drill is stowed [75].

Finally, at the tail of the vehicle, fully recumbent lies the RT'G, having this specific position with the task of balancing

the rover.

4.3.5 Navigation, Guidance and Avionics

For the navigation and guidance system the rover must be able to
determine its location, perform a general characterization of the place
where it is located and the obstacles it may present, and have the ability
to move autonomously if necessary. For this purpose, the rover’s naviga-
tion system uses traditional components implemented in previous Mars
rover missions [76], so its reliability and performance are already proven.
The system consists of two main parts, the LN200S Northrop Grumman
IMU and the NavCam and Hazcam engineering cameras.

The rover has a total of six Hazcam, of which four are used for

navigation, circled in red on Fig. 4.25 These black-and-white cameras,

each with a 124° x 124° field of view [76], use the visible light spectrum

FIGURE 4.25: Rover Navigation Cameras. Circled in

red the navigation Hazcams, and in Yellow the Nav-
Cams.

to take 3D images, preventing the vehicle from sudden loss or collision
with unforeseen obstacles, and their operating software makes it possible
for the vehicle to make its own safety decisions [77].

The NavCams, shown in yellow in Fig. 4.25, are located at the front of the rover; these cameras black-and-white
cameras use visible light to collect 3D and panoramic images. The Navcam is a pair of stereoscopic cameras, each with a
45-degree field of view, [76] to help to plan ground-based navigation. These cameras work in cooperation with the Hazcams
by providing a complementary view of the landscape [77].

The LN-200S IMU is a small, lightweight and very reliable instrument, which has been used in several space missions,
such as the Mars Rover Spirit, Opportunity and Curiosity. The rover will have two IMUs, however, only one will operate
constantly and the other will be kept as a backup. The IMU can maintain operation down to temperatures of -62 °C to 85

°C , so these will be located inside the WEB of the rover, as shown in blue in Fig.4.14 [78].
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In addition to the above, the navigation system will be visually supported by the Martian orbiters to obtain orbital
images of the rover TO locate it. In particular, the HiRISE instrument aboard MRO, working in conjunction with the
NavCams, can implement a method that benefits from the improved location accuracy of IBA/BA, avoiding the inaccuracies
associated with using the rover’s initial position obtained by odometry. In this method, the images taken are orthorectified
through triangulation of observations in orbital imagery and surface imagery of the landing site or UHF two-way Doppler
tracking technology [79].

About avionics, the system will use the same reference that has been used for decades, specially on MER and as MSL
class missions. Two RAD750 radiation hardened processors from BAE systems each inside a Motorola 6U VME [80] with
120 MByte DRAM and a 3 MByte EEPROM and 1 GB PROM will be put aboard the system. Only one will work at a

time, the other one is just there for redundancy. This units will be found in whats its called RCE in the WEB.

4.3.6 Rover Power System

The power requirement was established by Auto-Gopher II power demand. 100 W are the necessary mimum if ice
drillingh operations are to be performed and thus the devolopers of the drill recomend the power architecture of MSL
class rovers [57]. Thus, the primary power source in charge of a MMRTG (Multi-Mission Radioisotope Thermoelectric
Generator). The power system constantly provides the rover with 2,000 watts of thermal power and 110 watts of electrical
power 110 W at the start of the mission [81], with a 4.8% decrease each year, keeping it in operation for 14 years [82].

The reason why MMRTG was chosen is beacuse was found as the only type of RTG implemented in previous Mars
missions: MSL and Mars2020 [83], [84].

The 45-kg MMRTG (4.8 kg of plutonium-238) is located at the rear of the rover and can charge two lithium-ion batteries
that help meet the power demands that the MMRTG cannot satisfy during rover operations. Each battery contains eight
43 amp-hour cells in series, delivering 28 V, although they are housed in the same structure they operate independently
[85]. The two batteries weigh a total of 26.5 kg and can deliver 2408 Wh at 100% capacity. However, only 1,600 Wh (66%
of their capacity) is usually taken at each discharge cycle, to ensure a supply of energy to the components that must remain
active while the battery completes its charge cycle, which will take approximately 20 hours (10 hours for each battery).

Depending on the activity performed by the rover, the power consumption varies, since not all components have to be
active at the same time, except for the computer, the IMU and the mechanically pumped fluid loop. The Table 4.8 shows in
detail the energy needs required by each rover component in both active and inactive modes. The highest energy demand
corresponds to the wheels of the rover of about 200 W.

Table 4.9 shows in detail how much time was estimated for each instrument in the respective operating mode. The cells
in green color imply an active power consumption while those in blue color imply a passive consumption of the components

that are in idle mode. Additionally, the energy in Watts-hour that the batteries will provide in each case during the required
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TABLE 4.8: Rover Instrument Power Draws.

Instrument Active Power Draw (W) Idle Power Draw (W)
Mechanically Pumped Fluid Loop 10 -
RIMFAX 10 4

2 NavCam 43 -

6 Hazcam 12.9 -
REMS 9.5 25
Auto-Gopher 100 -
UHF Transceiver 65 12.6
X-Band Transponder 71.8 -
Wheels 200 -
Arm 78.61 -
IMU LN200S 12 -
SHERLOC 48.8 16.6
ROM Memory 1.98 1.32
RMCA 171 13.2
RAD 750, 6U VME 20 5
End Effector 80 -
Total 678.19 50.22

time is shown. For each battery charging cycle, the remaining active components are expected to consume approximately
640 Wh of the 808 Wh available with the batteries at 34% of their capacity. The total cost of the power system was
calculated with the 